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PREFACE

rhe efficiency and performance of the turbomachinery components of future acmo engines can considerably be improved b%
applying recent advances in understanding the flow behaviour of axial coimpressor and turbine bladings. Thus, the (optimal
profile pressure distribution as input for new blading design methods hats ant important ettect on losses and flow deflection.
The boundar-t-aver behaiour has to be carefully taken into account with respect toi lamninar turbulent transition, shock
boundary-layer interaction and separatioin effects. In addition tot these acriidvnamical questions. unsteady effects and the
timitatioins fromt structural and vibratioinal conditionis also have to bie taken into account.

Thc Lecture Series deals with two main topics:

- design methods and their principles. limitations
applicatiiii toi axial compressors atid turbintes.experience.

This Lecture Series. Spiinsiired by the Propulsion and Energetics Panel of AGARD. has been implemented bs the
Cntsultant and Exchange Programme.

Le rendemcrnt et les performanices des pi~ces des turbomachines dcstittees ii atrc incorpor~es aux futurs systc~mes de
propulsion pourraient atrc sensiblement amdeiores par [a misc en oeuvre des priigres rcafisies r~emmutent etn cc qui concerne
la de~fintition du eiimportement des ecoulenicrts clans des compresseurs axians et sur les aubes de turbine.

1t secnsuit clue ]a rcepartition optimale des pressions sur le profil. en tant qu'elemcnt dlans Ics nouselles nicthodcs pounr ]i
conception d'aubes de turbine, at des consequences importantes sur les pertes et sur la dafection de lkcoulement. Le
comportement de la couche limite en fonction dclai transition laninaire 'turbulent. des interactions choc/couclie linie ci dits
effets die diciillement doit &tr systematiquemnettt pris en compte.

En plus de ees. questions d'ordre aiirodynamniqne. it taut uigalement tenir compte des effets instationnaires et des
cotraintes imposties pareIs conditiotns structurales et vibratoires.

Le Cycle de ('inf.etences traite principalement des dens sujets snivants:

- tes methodes dc eonception, (Cl.r principecs e( limitations
- les applications aux ciimpresseurs ct turbines axians. et l'expdrience acquise.

Cc Cvele de Con fcences est pr~sente dans Ic cadre du programme des consultants et des ehanttes. sous 1'4ide dIn
Patnel AGARI) de Protpulsiomn ci d'nritiq(uc.
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REVIEW ON TURBOMACHINERY BLADING DESIGN PROBLEMS

by

L. Fottner
Prof. Dr.-Ing., Universitat der Bundeswehr Munchen

Institut tur Strahlantriebe
Werner Heisenberg Weg 39
D-8014 Neubiberg, Germany

SUMMARY

This report is the introductory paper for the AGARD Lecture Series NO 167 on "Bla-
ding Design for Axial Turbomachines". Based on the design objectives for the bladings of
highly-loaded, high Mach number turbocomponents the main problem areas to be taken into
account during the design process are derived. These refer to the flow field conditions
with respect to the effect of Mach number on the profile contour shape, to the aerodyna-
mic loading, especially of compressor bladings and to the boundary-layer behaviour. In
addition, blading design has to account for secondary flow effects and to unsteady flow
conditions. These problem areas are being treated in detail in the subsequent Lecture
Series papers.

LIST OF SYMBOLS
c pressure coefficient

D
p  

Lieblein diffusion factor
k roughness
1 blade chord
M Mach number
r radius
Re Reynolds number
t pitch
TET turbine entry temperaturn
R flow angle
cu loss coefficient

1. INTRODUCTION

The efficiency of advanced turbojet aero engines is considerably affected by the
aerodynamic characteristics of the turbocomponents. Using the latest knowledge regarding
the flow deflection behaviour of the cascades and as a result of better understanding of
the actual flow, the efficiency of these components has been considerably increased in
the last years. Future development will have the following objectives:

- high or even higher efficiency
- large working range, also taking into account inlet

distortions
- lower manufacturing effort and cost, which means a reduction

in size, weight, and number of blades. rhis requirement can
only be met by reducing the number of stages, which means
increasing the aerodynamic stage loading.

At these conditions the aerodynamic quality of the blading is of great importance.
The objective of the blading design is to realize a given design velocity triangle (re-
sult of a through-flow calculation) with minimal losses and to have a sufficient working
range at off-design conditions. Up to now the blading is designed with the aid of empi-
rical methods. Especially compressor bladings are mainly designed using profile families
which have been developed years ago. Cascade test results are the basis for the empiri-
cal design of such cascades, consisting of NACA 65, NGTE or DCA profile shapes. The de-
sign of turbine cascades has to take into account additional conditions, such as blade
cooling, so that profile families are not widely used for turbine bladings. Within the
last years it has been shown that 'aw concepts for the bladings of compressors and tur-
bines will increase the efficiency. These methods are of the inverse or direct iterative
type, ie. they calculate the profile shape for a given pressure distribution on suction
and pressure surface. Thus, the pressure distribution as an input for these methods has
to be optimised with respect to some optimisation criteria. These criteria are oriented
at the special application case. For compressor cascades mainly aerodynamic parameters,
as losses and safe working range have to be considered. The design of turbine cascades
is additionally affected by blade cooling and structural conditions.

Thus, blading design is highly influenced by the internal flow field, expressed by

- aerodynamic loading with respect to flow deflection,
- Mach number level

- Boundary-layer behaviour (Reynolds number and turbulence
influence)

-
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- and in case of cooled turbine bladings by blowing effects
of coolant air.

In addition to these primary effects, blading design of turbomachines is also affec-
ted by the special feature of turbomachines like

- multi-stage components
- secondary flow effects
- unsteady flow conditions

This report as an overview paper does not include detailed reference informations,
these beeing referred to the respective papers of this Lecture Series. The reference
list at the end of this report contains monographies which have been valuable in prepa-
ring the programme of this Lecture Series.

2. INTERNAL FLOW FIELD

The internal flow fields encountered in current turbomachines are viscous, compres-
sible and unsteady. The flow passage geometry provides a completely three-dimensional
flow, and a significant fraction of the flow occurs in rotating passages. Some of the
important phenomena influencing flow fields in modern axial-flow compressor blade rows
are shown in Fig. 1. The flow is

- three-dimensional, the flow channel beeing given by the hub
and casing contour and the profile contours on suction and
pressure surface

- viscous, losses beeing generated by friction, mixing and
shock/boundary-layer interaction

- compressible, with supersonic inlet (compressors) and exit
(turbines, conditions

- unsteady due to the unsteady inlet conditions of rotating
and stationary blade rows of stages and multi-stage
machines.

These features have a significant effect on the overall flow field, but they are not
the only influential factors. What Fig. I does not emphasize is that the phenomena shown
take place in a strong through-flow or primary flow which is generally understandable in
terms of the physical laws and corresponding equations of fluid dynamics. Many of the
features of the flow field shown in Fig. 1 might therefore be called secondary flows or
secondary effects. This suggests that such flows may be accounted for separately after
determination of the primary flow field in a given case. Turbomachine flow fields occur
in passages characterized by some unique geometric and kinematic features, which do not
occur in other typical complex flows, either internal or external. These are shown in
Fig. 2, which also introduces the idea of looking at the flow field in a representative
meridional, hub-to-tip section of a turbomachine. An initial unique feature is the se-
quence of rotating and stationary internal flow passages. The effects of rotation on the
flow within rotor blade rows should be considered. A second unique feature existing in
turbomachine flow field is the transfer of energy in the flow process as work done on or
by the fluid as it traverses the rotating elements.

2.1 Profile shapes

The profile shape is strongly influenced by the Mach number. As an example, Fig. 3
shows the radial Mach number distribution for some cascades of a 3-stage transonic com-
pressor. The Mach number of the first rotor reaches 1.45 at the tip and remains superso-~nic over a large region of the blade height. The inlet velocities of the following cas-
cades decrease to lower Mach number values. The stator cascades are subsonic, but the
Mach number sometimes exceeds the critical value, thus producing local supersonic fields
terminated by a compression shock.

The profile-type to be chosen for optimal flow deflection is directly dependent on
the Much number level. The areas of application of some profile-types are also indicated
in Fig. 3. At Mach numbers larger than 1.2 special profile types (transonic profiles)
should be used to reduce the shock losses at these supersonic inlet conditions. Double
circular arc profiles have shown good results for the Mach number region between 0,8 and
1.1. For lower Mach number values NACA 65 profile blades are widely used. But, as has
been already mentioned, for Mach numbers larger than the critical value local supersonic
fields with a terminating compression shock are experienced with conventional blades.
Thus, the compression shock should be minimised and it had been shown that it is possi-
ble to design cascades for supercritical inlet conditions without any compression shock
(supercritical profiles).

Transonic compressor profiles

The flow conditions in a transonic cascade are mainly effected by the compression
shock. This shock is composed of two parts. According to Schlieren pictures of cascade
tests, there is a normal compression shock in the blade passage and an oblique shock in
front of the cascade which is influenced by expansion waves emanating from the profile
contour. Thus, the normal compression shock produces high losses (shock losses and
shock/boundary-layer interaction losses), while the losses of the oblique shock can be



neglected. The objective of a blading design for transonic profiles is therefore to
minimize the loss due to the normal compression shock. The consequent realisation of the
above mentioned optimisation criteria for transonic profiles (lowest Mach number in
front of the compression shock) leads to a straight suction surface from the leading
edge to the shock position. This wedgetype profile (MTU 1, Fig. 4) is composed of a
straight camber line in the supersonic region and a circular arc camber line in the sub-
sonic region behind the compression shock. The profile shape is given by a superposition
of this camber line and a thickness distribution consisting of the leading edge circle
and wedge shape within the supersonic region and of a NACA 65 thickness distribution
within the subsonic part behind the compression shock. The design of such transonic pro-
files has to take into account the following conditions:

- unique incidence condition at the leading edge
- transition point between supersonic and subsonic part is

given by a shock model of a normal shock emanating from
the leading edge of the adjacent blade and normal to the
suction surface of the considered blade.

- deviation at the trailing edqe according to empirical

correlations for subsonic cascades consisting of NACA 65
blades.

In order to reduce the aerodynamic loading of the subsonic part of the cascade, the
multiple circular arc (MCA) type of blades has a small amount of supersonic expansion
from the leading edge to the shock position. The definition of this supersonic expansion
has to be done with respect to avoiding separation of the boundary-layer at the shock
position. The camber line of these MCA-type blades (MTU 3, Fig. 4) is composed of two
circular arcs. The profile shape is given by a superposition of this camber line and the
thickness distribution as explained for MTU 1 type blades.

Supercritical compressor profiles

The principle of supercritical profiles is successfully used for aircraft profiles
and is now also being applied to compressor bladings. If the inlet Mach number is in-
creased to a value larger than the critical Mach number (i.e. that Mach number at which
at first locally sonic velocity is reached), a local region with supersonic velocity is
established on the profile suction surface. This supersonic region is limited by the so-
nic line upstream and a compression shock downstream. This compression shock produces
shock losses and via the interaction with the boundary-layer also additional losses.
These shock and interaction losses are the reason for the strong increase of losses with
increasing Mach number above the critical Mach number. If it were possible to design a
profile with a continuous deceleration from supersonic to subsonic velocities (i.e.
shockfree deceleration), this loss increase could be shifted to larger Mach numbers. In
order to solve this problem it was necessary to have an inverse blading design method,
i.e. to prescribe the desired velocity distribution and to calculate the resulting pro-
file shape.

Since those methods to calculate transonic flow fields methods are now available, it
is possible to design supercritical blades also for compressor cascades. It should be
mentioned that this cascade is shockfree for the design condition and it has to be care-
fully checked if the off-design behaviour is also sufficient. Since these inverse design
m=thod 4,llow v 12 1idual optiris-ion of a blade, taking into a'count only the connec-
tion between pressure distribution and profile shape, these methods should also be ap-
plicable to wholly subsonic flow fields, so that there is a wide field of application
for these new blading concepts.

Profile shapes for turbines

As has been already mentioned the design of turbine cascades has to take into ac-
count not only aerodynamic optimisation criteria but some additional considerations like
blade cooling. Therefore the use of profile families is very limited and the thading de-
sign takes place in an iterative manner by recalculation of a given profile shape and
correcting this shape in order to produce a prescribed velocity distribution. Like for
compressor cascades, the velocity distribution on suction and pressure surface is an im-
portant optimisation criterion because of its influence on boundary-layer development
and thus on the losses. In turbine bladings, where blade cooling is necessary due to
high temperatures, blading design has also to consider the effect of mixing cooling air
with mainstream flow. When directly used for cooling, the air fraction derived from the
compressor is blown through the shaft and discs to vent holes. It then undergoes pres-
sure losses and entropy increments, so that mixing of the coolant with the external flow
entails aerodynamic losses. There is a considerablly negativ effect on boundary-layer
behaviour due to the crossflow between cooling air and main stream which leads in combi-
nation with mixing losses to a remarkable efficiency decrease with increasing turbine
inlet temperature (Fig. 5).

Research into cooling procedures imply analytical and experimental work, in order to
obtain heat transfer data providing the boundary conditions needed for structural pre-
dictions, namely thermal fatigue, creep progression and chemical deterioration. The pro-
blems associated with these procedures amount to finding devices which will maximize the
heat transfer while minimizing coolant mass flow and the resulting losses. Flow passages
inside the airfoils must offer a sufficient area for the local heat transfer require-
ments; their qeometry is so complex that it is hardly possible to estimate even crudely



the heat transfer coefficients from straight forward computations. The designer must
then start with a preliminary estimate of the profile geometry in order to compute a
first approximation of the three-dimensional turbine flow field and heat transfer rate.
The way in which the coolant discharge interferes with the mainstream must also be ac-
counted for, in applying subsequent corrections to the first design.

2.2 Blade loading of compressor cascades

In future developments the manufacturing effort and the cost will have to be taken
into account to a greater extent, which means a reduction in size, weight and number of
blades with the aerodynamic quality being maintained at its present level at least. The
requirements can only be met by reducing the number of stages, i.e. increasing the aero-
dynamic loading with sufficient working range. Highly-loaded compressor cascades are,
however, considerably limited in their working range and losses will rise. An attemp
must therefore be made to avoid separation of the boundary-layer by suitable measures.
Apart from the frequently applieed method of splitting the deflection to two airfoils
(tandem cascades), which, however, does not result in a reduction of manufacturing ef-
forts, there are possibilities of increasing the maximum lift which have beeen success-
fully used in aircraft aerodynamics:

- suction of the boundary-layer prone to separation
- blowing of high-energy air to the boundary-layer prone to separation.

For turbomachine application, boundary-layer control is in practice limited to blo-
wing my means of slot or slit profiles. In the case of slot profiles, the air required
to effect the boundary-layer is blown through slots from the pressure to the suction
surface exploiting the pressure gradient between the pressure and suction surfaces,
where as in the case of slit profiles a secondary air supply is needed to blow the air
through slots in the suction surface (Fig. 6).

2.3 Profile boundary-layer behaviour

Blading design methods use the profile velocity distribution as a criterion for the
aerodynamic quality of the design, i.e. they take into account the close connection bet-
ween the profile losses (due to blade boundary-layer) and the blade surface velocity
distribution. Thus, the velocity distribution being input for these methods has to be
optimized with respect to low losses of the blading. With respect to the boundary-layer
state of actual turbomachinery blades, it is essential to find velocity distributions
with the laminar-turbulent transition point as far downstream as possible. In particu-
lar, two factors effect the transition behaviour, namely the pressure gradient on the
blade surface and the free stream turbulence. Experience on several turbine cascades at
design conditions shows a mixed laminar-turbulent boundary-layer on the suction surface
and a mostly laminar boundary-layer on the pressure surface. It is therefore necessary
to primarily optimize the velocity distribution on the suction surface with respect to
low losses. The laminar boundary-layer should be maintained as far downstream as possi-
ble. Transition is required to take place without forming a laminar separation bubble.
The extent of a rearward deceleration has to be carefully limited to avoid flow separa-
tion in this region (Fig. 7). Thus, determination of the transition region becomes very
important prescribing the profile velocity distribution. We have to distinguish between
natural transition and transition via a laminar separation bubble.

When the overall blade chord Reynolds number (Rc) gets low enough, the laminar boun-
dary-layer reaches the separation point before transition is achieved. After the laminar
boundary-layer separates, it forms a laminar free shear layer that eventually undergoes
transition to turbulence. The turbulent free shear layer is able to do enough diffusion
by entrainment of high energy free stream fluid to reattach to the surface as a turbu-
lent boundary-layer. This short bubble is seen as a small perturbation on the pressure
distribution; its effect on the flc¢w uutside of the bubble region is minimal. As Rc con-
tinues to decrease, the laminar free shear layer grows in length. This growth causes the
turbulent free shear layer to do more diffusion to reattach at a pressure near the in-
viscid pressure value (see Fig. 8). Finally, Rc becomes so low and the laminar shear
layer so long that the turbulent entrainment process can no longer support the diffusion
required for reattachment with a value close to the inviscid pressure level. This is
when the bubble starts to significantly affect the flow outside the bubble region. The
velocity peak and circulation decrease, thereby reducing the pressure gradient over the
bubble. This allows the turbulent shear flow to reattach as a long bubble, i.e. that is
the short bubble as burst into a long bubble. As Rc is further lowered, the velocity
peak and circulation is further decreased. Finally, the bubble is so long that reattach-
ment on the blade surface is no longer possible. The flow is then completely separated,
and there is little change to the flow field around the profile with continued decrease
of Reynolds number.

To summarize, within the incidence operating range of the cascade, there are four
flow regimes possible across a large Reynolds number range (disregarding turbulent sepa-
ration due to off-design conditions):

- Rc sufficiently high for transition to occur before
separation

- short bubble region (before bursting)



- cg bubble region (after bursting)
- complete separation

The conditions necessary for the formation of a laminar separation bubble are an ad-
verse pressure gradient of sufficient magnitude to cause laminar separation and flow
conditions over the blade surface such that the boundary-layer will be laminar at the
separation point. Inherent in the second condition is that the blade surface be smooth,
that the free stream turbulence level shall be relatively low, and that the distance
between the stagnation and separation points be moderate (or more precisely, that the
boundary-layer Reynolds number at the laminar separation point be less than that re-
quired for transition).

Blade surface roughness effects blade profile loss when the surface roughness ele-
ments protrude from the laminar or viscous sublayer of the turbulent boundary-layer. As
long as the roughness elements are submerged within the viscous sublayer no further re-
duction of friction losses is achievable below the so called "hydrodynamically smooth"
value. Friction drag in that regime depends exclusively on Reynolds number. As soon as
the roughness elements protrude from the viscous sublayer due to a thinner sublayer as
the result of increased Reynolds number, the friction loss function turns toward inde-
pendence of Reynolds number within a small Reynolds number interval. After that transi-
tion region friction drag is exclusively a function of the roughness heigh itself (Fig
9). Analysis of limited experimental data reveals that critical roughness Reynolds num-
ber of compressor blades manufactured with typical present day methods as for-
ging/etching and electrochemical machining are around 90 and therefore very close to
sand type roughness if roughness height is based on the largest peaks. The steadily in-
creasing pressure ratios and flow velocities in modern gas turbine compressors increase
the Reynolds number over chord length ratio in the back end of the compression system to
an extent that even with the best presently available manufacturing methods noticeable
losses of potentially achievable efficiency gains must be accepted. The latter applies
primarily to all missions with high inlet pressure, i.e. low kinematic viscosity. The
roughness problem occurs primarily in the higher Reynolds number regime where turbulent
attached flow predominates.

3. SECONDARY AND UNSTEADY FLOW EFFECTS

It is not the objective of this chapter to present a complete documentation of these
very important problem fields. Secondary and unsteady flow effects have to be taken into
account during the whole design process of a turbomachine.

Since secondary flow regions (Fig. 10) are always the origine of higher losses, the
blading design in these regions has to consider these additional effects to get an opti-
mal solution. The objective of optimal blading design is, to shape a blading from hub to
tip in order to reduce also secondary losses. Blading design has to consider the fol-
lowing flow effects:

- Cascade passage vortex
- Corner vortex
- Tip clearance vortex
- Horseshoe vortex
- Annulus end wall boundary-layer

These terms do not refer to flow field occurrences which are independent mechanisms.
As can be observed in experiments they overlap and interact.

The state of the art in axial turbomachinery has advanced to the point where further
improvements will have to come also from a better understanding and eventual control of
the unsteady flow phenomena which occur in turbomachines. These unsteady flows have a
significant influence on efficiency, aerodynamic stability of the compression system,
aeroelastic stability, forced response, and noise generation (see Fi. 11).

A comprehensive report on these topics has just been published a I "AGARD Manual on
Aeroelasticity in Axial-Flow Turbomachines- (AGARD-AG-298, Vol. 1 and 2) by Platzer and
Carta. The first volume attempts to review the field of unsteady turbomachinery aerody-
namics. The reader will notice that most methods are still limited to the two-dimensio-
nal (cascade) flow approximation, although great progress has been made in the inclusion
of blade geometry and loading effects. The current status of the underlying aerodynamic
theory and of the major results are described. The importance of three-dimensional flow
effects is still insufficiently understood. Viscous flow effects are discussed in the
chapter on stall flutter. Rigorous methods for the computation of unsteady boundary-
layer effects are beginning to be developed. Great progress has been made in the field
of computational fluid dynamics. Its application to the problem of unsteady transonic
cascade flows is reviewed. A separate volume will have to be devoted in the near future
to the numerical computation of unsteady flows in turbomachines because of the rapid ad-
vances in the field of computational fluid dynamics. The final four chapters present the
status of the unsteady aerodynamic and aeroelastic measurement techniques and of the
available experimental cascade and rotor results. Whenever possible a comparison between
theory and experiment was attempted in the various chapters. The need for well-control-
led test cases was recognized a few years ago. This effort is currently in progress. In
the second volume the structural dynamics characteristics and analysis methods appli-
cable to single blades and whole bladed assemblies are reviewed.
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SUMMARY

Since about 1975 numerical methods are available to compute cascade blade shapes
from prescribed surface velocity distributions in compressible flow ranges. Two-dimen-
sional or quasi three-dimensional inverse or design methods enabled thereby the im-
provement of compressor and turbine cascades via an optimized blade pressure distribu-
tion. The theoretical and experimental development of such pressure distributions is
described for the subsonic, supercritical, transonic and supersonic velocity range of
compressor cascades. The equivalent problems in turbine cascades are indicated.

LIST OF SYMBOLS

a sonic velocity T transition point
c chord T turbulence intensity
d blade thickness v

u  
velocity

132 boundary layer shape parameter = 6 /6 w velocity
I Tolmien-Schlichting instability point

2  
x coordinate along chord

1 chord and axial chord
M Mach number 3 flow angle
M surface Mach number 62 boundary layer momentum
M intersection Mach number (Fig.34) loss thickness
5
s isentrcyic Mach number = f(p/ptotl

)  
C flow turhiny - l - 02
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INTRODUCTION

Within the last ten years a successful development of new blade design methods has
been reported. Names like "Prescribed Velocity Distribution" (PVD), "Controlled Dif-
fusion" (CD) and "Custom Tailored" (CT) Airfoils characterize this development in the
turbomachinery world. This was possible because direct and inverse computational codes
became available for high subsonic and transonic cascade flow fields which enabled the'I tailoring of blade geometries according to desired flow fields and boundary layerbehaviours.

The idea of this technique is, of course, not a new one. In fact, the NACA airfoils
for instance and especially the 6-series have been developed in the same way by pre-
scribing the surface velocity distributions. But due to the lack of fast computers and
computational codes it was necessary to adjust the profile geometry to the desired boun-
dary conditions using empirical data and correlations to account for the unknown real
flow effects. The drawback of this method is twofold. The high number of geometric as
well as flow parameters of a cascade limits the empirical data base on one side and does
generally not allow a design optimization with regard to loading, Mach number etc. on
the other side. Therefore, quite often axial flow turbomachinery bladings were develop-
ed by a time consuming trial and error method.

Today we are in a better position with regard to our design tools. But still we have
to learn how to handle them and how to overcome their existing limitations. In addition
these new design tools are time consuming and it is therefore advisable not to start in
each blade design from scratch but also to make use of past experience, especially that
from experiment. The development of certain criteria for tailoring the best possible
velocity distribution under given boundary conditions is such a way. These criteria
result from theoretical considerations verified and completed by cascade and turbomachi-
nery tests. The following chapters deal with this subject whereby the different inlf
velocity ranges are treated separately.
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Generally, the aim of the aerodynamic optimizations is the reduction of the total
pressure losses to a minimum and the increase of the loading to a maximum which means a
maximum pitch chord ratio or a minimum blade number. Additionally the off-design ope-
rating range should also be as large as possible. Depending on the requirements of the
turbomachine the main attention is directed more to one or to the other point or a com-
promise has to be found. There is, however, little information available on off-design
optimizations. So far, the main attention has been directed towards the improvement of
the design-point operation.

SUBSONIC PRESSURE DISTRIBUTION

In the development of low drag airfoils extended laminar suction surface boundary
layers were proposed and applied in the 50's. In 1959 this was supplemented by
Stratford /1/,/2/ who published a way to optimize the turbulent boundary layer to reah
a maximum diffusion. He derived a rapid method for the prediction of turbulent boun-
liry layer separation which included the pressure rise and required only a single
empirical factor. An extension led to the pressure distribution which just maintains
zero skin friction throughout the region of pressure rise and which is now often called
"Stratford distribution". The application of this distribution to blade or airfoil
suction surfaces renders possible very different velocity distributions depending on
the prescribed position of the transition point which is identical to the onset of the
pressure recovery. Fig.l from Liebeck /3/ shows as an example such different pressure
distributions which were calculated for a fixed downstream pressure value. A transi-
tion point near the leading edge renders possible a very strong deceleration due to a
thin laminar boundary layer at this point. Therefore the peak velocity can be very
high. However, a transition point near the trailing edge limits the maximum velocity
considerably due to a thick laminar boundary layer followed by a reduced turbulent dif-
fusion capability. An integration of these curves leads to different lift coefficients
with a maximum at a transition point position around 45% of chord.

Similar velocity distributions were also obtained by Fottner (published by Scholz
/4/) who applied a constant near separation shape parameter H in the diffusion region
1 r,-no-d by, Pnnler /5/. An integration of his curves yielded a maximum loading at a

transition point position around 30% of chord, as shown by the bottom curve in Fig.2.

This optimum position of the transition point with regard to highest loading was also
confirmed by Papailiou /6/ who used an inverse boundary layer method developed by Le
Full to optimize the suction surface velocity distribution. Fig.3 shows the dependency
of his results on the transition point location and Fig.4 the optimum velocity distribu-
tion he used to design a high camber compressor stator blade section. The profile shape
he obtained with the aid of a conformal mapping method is also shown in Fig.4. The geo-
metry is typical for this so called flat or laminar roof top type of pressure distribu-
tion with a Stratford like recompression. It is characterized by high front and low
rear camber. Due to a limited suction capacity of the cascade wind tunnel a complete
experimental verification of this design failed but the results confirmed the design
tools.

At the same time (around 1970) similar design methods and optimization techniques had
already entered into practice in turbine development. Fig.5 shows as an example a 3-
parameter velocity distribution applied to the design of a turbine blade as described by
Payne /7/. The suction surface velocity exhibits the same basic idea of a laminar roof
top distribution with a Stratford like recompression as proposed above for compressor
blades.

However, it was later recognized that this distribution is very sensitive to turbu-
lence levels due to transition point movement (Fig.6. Sharma, et al. /8/) and an acce-
lerated - also c"1ei aft loaded - suction surface velocity distribution became the more
favorite one. Typical examples are presented for instance by Cherry, Dengler /9/. As
shown in Fig.7 from Eckardt, Trappmann /10/ the accelerated distribution of a LP turbine
results in long laminar boundary layers even at high turbulence levels and consequently
smaller momentum loss thicknesses and improved efficiencies.

The maximum velocity position has to be selected according to the pressure recovery
capability of the boundary layer including a possible laminar separation bubble. The
latter is especially important at low Reynolds numbers where the separation bubble may
be long and requires a considerable length for reattachment. This may even lead back
to the laminar roof top design as described by Patterson and Hoeger /11/ who called
this "combination" loaded because it combines a mid and aft loaded design.

The pressure surface velocity distribution is generally selected according to
strength and stiffness requirements of the blade section. In addition, of course, the
integrated pressure difference between suction and pressure surface has to be in accor-
dance with the desired flow turning and pressure drop or rise. Therefore, the final
design pressure distribution is generally achieved only in an iterative process.

Thereby it has also to be considered that the final blade section has to have a
certain operating range at positive and negative incidences. This is especially im-
portant for compressor blades. In Fig.8 the considerable changes of the surface Mach
number distribution is shown in the operating range of a compressor stator blade sec-
tion. In order to "adjust" the design point correctly within this range, either the
above described optimum velocity distribution may be changed or the blade design could
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be performed at an inlet flow angle which is different from the operating point in the
turbomachine. The feasability of the latter method has been proved by Rechter and
Steinert /12/ who designed and tested a blade section at two different inlet flow angles
but similar surface Mach number distributions. The measured performance curves are
shown in Fig.9. The positive incidence range was thereby extended by the same amount as
the design inlet flow angle was changed, whereas the negative incidence range was
reduced, so that the higher camber resulted in a smaller overall operating range.

SUPERCRITICAL PRESSURE DISTRIBUTION

Within the 70's numerical methods and computer systems became available which had the
capacity to solve also compressible flow cases including local supersonic areas. In par-
ticular inverse codes now offered the possibility to develop, at least theoretically,
shock free compressor blade sections. This stimulated the numerical blade design consi-
deralby. In the beginning the laminar roof top pressure distribution was also consider-
ed to be the best choice for the design of the so-called "supercritical cascades". Korn
/13/ was the first who published such .nverse designed compressor and turbine cascades
applying also the Stratford distribution (Fig.10 and 11). However, in his turbine
example he already applied an acceleration along the suction surface up to the peak
,elocity and not a roof top distribution. The compressor blade, on the other hand,
exhibits a considerable rear loading which leads to a minimum blade thickness ahead of
the thick trailing edge. The overall loading of this design is very high due to a
pitch-chord ratio of 1.2. Based on this concept and by order of Pratt & Whitney, Korn
developed a cascade which was tested in a cascade wind tunnel at the DFVLR in K61n to
validate the design code.

In Fig.12 design and measured blade Mach nnimber distribution are compared as reported
1y Stephens /14/. ;-h the exception of the flat roof top and the correct exit Mach
number the basic concept could be confirmed. The first difference was later detected
as a result of a manufacturing inaccuracy of the blade leading edge whereas the second
one was due to an increased axial velocity density ratio (AVDR) above the design value
in the test. The latter was necessary to avoid strong boundary layer separation. In
other words, the design diffusion rate according to the Stratford criterion was slightly
too high and had to be reduced by increasing the AVDR.

The success of this supercritical design, especially with regard to the low loss
level which was also attributed to the absence of shock waves (Fig.13), caused the DFVLR
to develop its own blade section called SKG-DFVLR 1.3 (Rechter et al. /15/). The suc-
tion surface Mach number distribution was kept identical to the Korn blade whereas the
rear loading of the pressure side had to be reduced in order to achieve a finite blade
thickness (Fig.14). This was due to the velocity triangles chosen according to a rea-
listic stator blade application. The blade geometry was calculated by E. Schmidt using
an inverse full potential code /16/. The cascade test results, however, were very
disappointing. The minimum loss coefficient was quite high and the off design behaviour
was very bad. Fig.15 shows the dependency of the losses from the inlet Mach number.
Thereby the differences between design and measured surface Mach number distributions
were in the same order of magnitude as for the Korn blade (Fig.16). However, there is
one important deviation and that is the suction surface Mach number near the leading
edge. Contrary to the P&W blade, the DFVLR section exhibited a leadinc edge suction
peak resulting in an upstream position of the transition point. From a boundary layer
analysis it was derived that a forward movement of the transition point up to 10% of
chord would lead to early turbulent separation. In Fig.17 the development of the boun-
dary layer shape parameter JI2 at two different transition point positions is shown.
The final conclusion was tha the suction peak, caused also by manufacturing errors of
the leading edge, was responsible for the bad performance of this cascade.

Consequently Pratt & Whitney as well as DFVLR changed the flat roof top design of the
velocity distribution to an accelerated one. Fig.18 shows the basic supercritical
compressor blade design concept of P&W as published by Stephens and Hobbs /17/. Cas-
cade tests performed at DFVLR confirmed this concept not only at design condition but
also at off design. Some results of a stator blade section are shown in Fig.19 to 21
/17/. Fig.22 and 23 show the improvements of Mach number and incidence range of the
Controlled Diffusion Airfoils as compared to standard series airfoils as published by
Hobbs and Weingold /18/. These authors also report a significantly higher loading
capability of the new airfoils.

The DFVLR concept was derived in the following way. Calculations of the boundary
layer behaviour of the first 30% of the suction surface of an accelerated, a flat roof
top, and a peaky Mach number distribution, revealed very different positions of insta-
bility and transition points. In Fig.24 from Weber et al. /19/ results are presented
at a turbulence level of about 1,6% which leads to a Reynolds number difference of
iRe = 100 (after Granville) between instability I and transition point T. Most impor-
tant is the long distance between I and T for the flat roof top distribution. This
points to a high sensitivity of such designs according to inlet turbulence intensity,
surface roughness and Reynolds number levels. If the before mentioned sensitivity of
the transonic flow to small geometric variations and errors in the design code are con-
s!re.u as well as an often required positive incidence range, the accelerated distribu-
tion becomes the most attractive one. It offers low losses due to long laminar boundary
layers, a stable transition point, a reasonable loading, and a two to three degrees of
positive incidence range which is about half the total off-design value. The maximum
Mach number was selected around M = 1,25 in order to avoid boundary layer separation in
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case normal shock waves would occur.

The rear turbulent diffusion part of the suction surface was optimized also by a
boundary layer calculation. Fig.25 and 26 show three important steps of this deve-
lopment /19/. The first step was the generation of a Stratford like Eppler distribu-
tion called SKG 2.3.18 with a nearly constant H 2-value from 35 to 100% of chord. This
resulted in a very high diffusion rate down to 

2 
Mach number below M 2 = 0,5. However,

the momentum loss thickness 6 /c at the trailing edge was quite high in this case. Un-
loading the rear (SKG 2.3.1) ieduced 6 /c down to less than half the value before. But
the very high diffusion rate between 30 to 35% was considered too dangerous with respect
to a possible shock induced boundary layer separation. Therefore, a gradual decrease of
the shape parameter H was selected which led to the final Mach number distribution SKG
DFVLR 2.7. The resul ing momentum loss thickness is about half way between those of the
other two distributions.

The experimental verification was performed again in a wind tunnel. Cascade geometry
and velocity triangles were identical to the SKG DFVLR 1.3 blade tests. In Fig.27 the
design and measured surface Mach number distributions are compared. -The agreement is
quite good. Differences at the leading edge and on the suction surface were due to
limitations of the design code of E. Schmidt at that time and due to a laminar separa-
tion bubble. Even though the minimum total pressure loss coefficient was half the value
of the SKG DFVLR 1.3 cascade and also the off design behaviour was improved considerably
(Fig.28). The local laminar boundary layer separation does obviously not affect the
overall loss coefficient in this case where the chord Reynolds number was around one
Million. However, if a low critical Reynolds number is required a more peaky pressure
distribution has to be selected. An application of a special transition length within
the pressure distribution having a moderate diffusion as proposed by Walker /2n/ and
shown in Fig.29 seems not to be necessary because the flow adjusts itself by building up
a corresponding "fluid blade shape" by a laminar separation bubble.

The experience of P&W and DFVLR was later also confirmed by cascade tests at the
NASA. Boldman et al. /21/ reported in 1983 the experimental investigation of a super-
critical compressor stator cascade. The blades were designed by the method of Bauer,
Garabedian and Korn (BGK) whereby the pressure distribution on the blade surface is
prescribed as part of the input. The design surface Mach number distribution together
with the blade shape is shown in Fig.30. Again a laminar roof top distribution with a
Stratford recompression was selected. Also again, this distribution could not be
reached in the cascade experiments. Instead, a long laminar separation bubble was
observed near the 10 percent suction surface chord location. The related Mach number
distribution as shown in Fig.31 exhibited two suction peaks and complete separation
around 50% of chord at design inlet angle and Mach number. A measured total pressure
loss coefficient in the order of 8% is therefore not surprising. By a small variation
of the blade geometry, as shown in Fig.32 from the report of J.F. Schmidt et al. /22/,
the flat roof top distribution was then changed to an accelerated one, shown in Fig.33.
Besides an excellent agreement between measured and calculated surface Mach number dis-
t.ibution the total pressure loss coefficient of the redesigned blade went down to 3,5%.
Also the off-design loss behaviour was improved considerably.

All the above described results indicate the superiority of the accelerated suction
surface Mach number distribution for supercritical compressor cascades. But these data
do not clearly answer the question about the maximum allowable suction surface Mach num-
ber at low losses. As Starken and Jawtusch /23/ have shown quite recently for controll-
ed diffusion blades, the loss rise onset with inlet Mach number seems to depend on a so-
called "intersection Mach number" M . M is obtained at the unique intersection point of
the suction surface Mach number disiribations derived at different inlet flow angles.
It is therefore some kind of an average surface Mach number taking into account also the
off-design behaviour of the cascade. An example of a controlled diffusion rotor blade
calculated with an inviscid code is shown in Fig.34. Deriving M in this way at diffe-
rent inlet Mach numbers M results in curves as presented in Fig.35 for different con-
trolled diffusion blades Fig.36).

The corresponding optimum loss rise curves, normalized by the minimum measured loss
value, are shown in Fig.37. The onset of the loss rise varies between about M = 0,68
and M = 0,92. However, if these curves are plotted as a function of the inteisection
Mach Aumber M the onsets coincide near M = 1,0 and the loss rise curves may be appro-
ximated by an average one (Fig.38). Fromsthese results a maximum inviscid M value in
the order of 1,05 can be derived as design criterium for low loss supercritisal compres-
sor airfoils. The method is limited to CDA blades because it is based on the condition
that the loss rise is caused primarily by the inlet Mach nurber. It does not apply to
blade sections which exhibit boundary layer separations already at lower Mach numbers.

A direct calculation of the off-design surface Mach number distributions should
always be performed to check the correct position of the design point inlet flow angle.
Already the inviscid results, as for example those shown in Fig.34, allow a good
estimate about the minimum loss inlet flow angle. It is generally connected with that
incidence where the maximum suction surface Mach number has its minimum. If this check
is not performed it may easily happen that the design incidence position is very near
to choking or stalling of the cascade. This is also due to the fact, that with decreas-
ing pitch-chord ratio, which is generally necessary with increasing flow turning, the
maximum velocity point has to be moved upstream towasds the leading edge. A typical
example is the ONERA 115 cascade (s/l = 0,28 0 = 50 ) of Fig.37 with a predicted invis-
cid Mach number distribution as shown in Fig.39. At this low pitch chord ratio the
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maximum velocity could only be at or around the 30% chord position under choked condi-
tion.

In conclusion the following criteria can be stated for the design of supercritical
compressor blade suction surface pressure distributions:

- Maximum velocity around 30% of chord tat s/c above about 0,7). Further upstream
position at low Re-number and pitch-chord ratios.

- Front part accelerating.

- Rear part decelerating with a continuously falling boundary layer shape parameter
H
32.

- Maximum intersection Mach number Ms around 1,05.

TRANSONIC PRESSURE DISTRIBUTION

Until the end of the 50's sonic velocity has been considered as an upper limit for
flows in compressor bladings. The experience had shown that higher local velocities led
to an untolerable increase in total pressure loss coefficients and consequently in a
severe drop in efficiency. The test results from cascade wind tunnels could even lead
to the suggestion of a limiting barrier (Fig.37).

However, the efforts in the US in the development of supersonic compressors showed
surprisingly good performance of these machines around sonic inlet velocities. This
resulted in the development of the transonic axial flow compressor now extensively
used in modern jet engines. It was possible by the development of new compressor blade
sections. Fig.37 shows as an example also the loss coefficient of a typical transonic
rotor cascade (Multiple Circular Arc L030-4) with a moderate loss increase with inlet
Mach number passing sonic velocity without any difficulties. In order to understand the
reason for this loss behaviour, the cascade and blade section geometry as well as the
related surface Mach number distribution must be compared.

At first the cascade and blade section geometry is considered. In Fig.36 the geo-
metry of the subsonic cascade called SKG-FVV 2.2 is presented. This cascade was
designed and optimized for an inlet Mach number of 0.85 (Weber et al. /19/). It is a
so-called "supercritical cascade" with local supersonic velocity on the suction surface
and designed for shock free deceleration. A pitch-chord ratio of 1.0 and 20 turning
were prescribed in this design. The MCA blade section of the transonic cascade L030-4
of Fiq.36 ISchreiber, Starkan /24/), however, looks quite different. The blade thick-
ness as well as the blade camber distribution are different and especially the pitch-
chord ratio is considerably lower (s/c=0.62).

All these geometrical differences result in very different surface Mach number dis-
tributions when compared at identical inlet flow velocities. Fig.40 shows these dis-
tribu.ions around M = 0.83. Due to the higher blade loading (larger pitch chord ratio
and 4 higher turniAg) and also due to the thick leading edge and front thickness of the
subsonic airfoil, the suction surface velocity exceeds sonic conditions whereas the
velocity of the transonic airfoil remains everywhere subsonic. Nevertheless the loss
coefficient of the supercritical design is smaller than that of the transonic one
because of the higher pitch-chord ratio.

However, at increased inlet velocities as for instance around M1 = 0.91, shown in
Fig.41, the high blade loading becomes detrimental to the subsonic cascade. The suction
surface Mach number reaches nearly M = 1.3 causing complete boundary layer separation
behind a normal shock wave. On the contrary, the Mach number past the transonic airfoil
remains below 1.2 and the boundary layer stays unseparated.

The final conclusion of these results is therefore: Any efficient transition of a
compressor cascade to supersonic velocities requires a limitation of the suction surface
Mach number to values below 1.3 at M - 1,0. This, in turn, limits pitch-chord ratio,
front suction surface camber, and leiding edge radius as the responsible parameters.

In order to elu-idate this even more, the influence of the blade suction surface and
the pitch chord ratio is demon trated by some test results obtained at subsonic and low
supersonic velocities. In Fig.42 the measured total pressure loss coefficient is
plotted as function of the iglet 9ach number of three different double circular arc
(DCA) blade sections with 30 , 15 and 10 meanline camber and various pitch-chord
ratios (Starken /25/). In addition the results of the MCA, the FVV and of a wedge-type
MTU cascade (Fottner, Lichtfuss /26/) are included. Some cascade and blade section
geometries are shown in Figs. 43 to 46 together with Schlieren pictures taken around
sonic inlet velocity. The Schlieren pictures show quite clearly the boundary layer
separation and the dependency of this separation from the blade suction surface camber.
By reducing the latter the total pressure losses can be reduced considerably.

The main reason fcr this is the reduced Mach number ahead of the shock waves. Fig.47
shows a correlation of the measured loss coefficients of several cascades as function of
the measured maximum or pre-shock surface Mach number M . Plotted are the minimum los-
ses which could be achieved so far at maximum back preaSres. The correlation is based
on a limited amount of data and should be considered as a preliminary one. But it shows



two facts quite clearly, that is the considerable loss increase above a pre-shock Mach
number of 1.2 to 1.3 and an additional dependency of this increase on the maximum blade
thickness.

Fortunately, the supersonic flow allows a deceleration and pressure rise without any
flow turning and therefore efficient transonic blade sections could be developed for
transonic com8 ressor rotors having low camber. However, the design of a high turning
(i.e. 0 > 20 ), low loss transonic decelerating blade section is still an unsolved
problem.

This holds true also for supersonic inlet velocities. Similarly the surface Mach
number should also be as low as possible in the higher Mach number range. Above inlet
Mach numbers of about M = 1,4 it is therefore advisable to apply negative suction sur-
face camber. This reduces also the bow shock strength and allows the design of a low
loss oblique passage shock in the entrance region making use of the strong oblique
shock solution. An example of such a blade section is shown in Fig. 48 (Schreiber
/27/). The design flow configuration has been verified experimentally by L2F measure-
ments in a cascade wind tunnel. A detailed loss analysis revealed the shock losses as
55% of the overall loss coefficient of w - 0,13 at the design inlet Mach number of M
1,5. Although Lhe turbulent suction surface boundary layer is completely separated 1

behind the first passage shock, a considerable diffusion is achieved in the blade pas-
sage as shown in Fig.49. This is a typical flow situation for compressor blade sections
at supersonic inlet Mach numbers. Above sonic velocity it is generally impossible to
avoid shock induced boundary layer separation. The efficient design of these airfoils
may be therefore described more as a controlled separation rather than a controlled
diffusion one.

Besides the surface cuivature also the leading edge thickness influences the suction
surface Mach number level. Fig.50 gives an impression of this influence. The diagram
shows the difference between suction surface and inlet Mach number as function of inlet

Mach number and leading edge radius ratio of a flat plate cascade as derived by a
unique incidence calculation described by Starken et al. in /28/.
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OVERV W ON BLADING DESIGN METHODS

G. MEAUZ9

ONERA BP 72, 92322 Chhtillon Cedex, France.

NOMENCLATURE

Cr skin friction coefficient
C, C, specific heats

shape factor 81/82
e length
M Mach number
r radius
S surface
T temperature
t time
V absolute velocity vector
W relative velocity vector
81 displacement thickness
82 momentum thickness
p density
y ratio of specific heats Cp/C,
) angular velocity

0 tangential direction
(P mendional angle

1 - INTRODUCTION AND SUMMARY

Rather than presenting an exhaustive catalogue on the design method calculations, this paper aims at discussing the
possible ways to use calculation methods, as well as the problems of their practical applications.
The first part recalls the complexity of the flow behaviour through a turbomachine and the simplifications which
must be adopted, i.e., a mean axisymmetric steady through flow hypothesis. The second part is devoted to theparticular case of an isolated blade row with the possible use of a full 3D design approach. The well-known quasi 3Dapproach combining the mean through flow and the blade-to-blade calculations is discussed in the third part where
some details are given on direct and inverse methods for both through flow and cascade flow.

2 - FLOW COMPLEXITY IN A TURBOMACHINE

The flow in a turbmachine is mainly viscous, 3D and unsteady. The viscosity effects are encountered of course on
blade boundary layers and wakes. They are very important in the so-called secondary effects where the blade and
hub or tip boundary layers are mixed under the tangential gradient influence (Fig. 1). Obviously, the flow is three
dimensional, but the main characteristics of the true 3D flow corresponds to the warping of the stream surface across
the blade passage: this phenomenon is due to the fact that the radial prssure gradients differ from the suction side of
a blade to the pressure side of the following blade (Fig. 2). The secondary flow vortices are of course strongly 3D. The
unsteady effect is mainly due to the series of fixed and rotating blade-rows (Fig. 3). It is important to point out that
only one case can be considered as steady (in the relative frame): it corresponds to the particular configuration of an
isolated blade-row when all the boundary conditions including a fixed rotational speed remain constant. In fact this
case is very rare in a turbomachine: the unsteady effects can be neglected and the flow can be assumed as steady onlyin the first fan of a compressor or in the inlet guide vane of a turbine.
Very sophisticated, unsteady, 3D Navier-Stokes codes are generally needed to give a real physical representation of
the flow properties. These codes have not been available for industrial use up to now and probably they will be for a
Iong time to come.
Be ore reminding the reader of the simplified hypothesis which is necessary to make industrial codes, the following

two important remarks have to be made.The first remark concerns the aims of computational methods: one set of methods operates in the analysis mode
where the flow properties are calculated for a given geometry in order to predict performance; these methoa area asoused to analyse in detail certain particular phenomena. A well-defined analysis mode is essential. Obviously, ever
improved and more sophisticated methods are necessary for a better flow field analysis. The second aim of thenumerical simulation is the d which is used for the geometry definition of an element of a turbomachine
in order to obtain a required low speci cation. As detailed later on, several methods can be imagined for the
mode the definition of which is the main purpose of this paper. Contrary to the analysis aim it is not evident thatthe
design approach requires codes giving a very detailed physical description. For instance, it would seem rather
difficult to design a blade-row using an unsteady approach. In fact, a simplified analysis is essential for the design
mode, except in a few particular cases.
The seond remark concerns the utilisation of a full 3D code in the general case of a multi-stage compressor or

turbine.A fundamental question is to know whether or not, it is realistic to apply a full 3D method on a current wheel like on
an isolated one, i.e, without directly takin into account the influence of the upstream and downstream blade-rows.
In our opinion, the answer is negative manly for two reasons: if the 3D flow is computed on a blade treated as an

isolated wheel (Fig. 4), the warping of the inlet stream surfaces coming from the previous blade is completelyneglected. (It should be noticed that the phenomenon is unsteady if the two successive wheels have a different
rotational speed). This not acceptable because the effect of the inlet flow field distortion on the flow behaviour is
probably of the same order of magnitude as the internal warping in the blade passage of the considered blade-row.
Besides, it is not easy to simulate the change of enthalpy and entropy due to the previous wheel.
A second reason is related to the problem of the boundary conditions which are necessarily applied at the inlet and
the outlet of the calculation domain, namely, how to determine these boundary conditions, and how to verify the
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validity of the computed results ?
Consequently, it is, in our opinion, necessary to take into account all the blade-rows (at least one on each side of the
considered wheel) to obtain a valid full 3D flow computation. This rule leads to the following statement: in eneral
full 3D flow involves unsteady flow. And moreover, the wheel blade numbers being usually different, the flow is not
periodic in each passage of a wheel like it is for an isolated row. Thus, it is necessary to compute the unsteady flow in
several blade passages of each wheel (see Fig. 5).
Therefore, the valid application of a full 3D calculation is, in fact, really complex and not as yet accessible for an
industrial use.
All these reflexions imply that simplified assumptions are necessary, especially from the design point of view.
The main simplifying hypothesis consists in assuming a tangential space averaged flow. This model, which
corresponds to a mean axisymmetric through flow, presents two advantages:
a) if the rotational speed and the inlet and outlet conditions remain constant, the simplified flow is steady (it is
pointed out that is is always possible to add the unsteady effect, for instance, by taking it into account in the design
criteria);
b) the stream surface warping phenomenon is neglected and an approximation of the 3D flow is obtained by the
superimposition of the axisymmetric mean through flow and the blade-to-blade flow on all axisymmetric stream
surfaces of the mean flow. These two sorts of flows (through flow and blade-to-blade flow) are essentially 2D in the
sense that each one uses two space variables.
Three remarks are important:
- The through flow model is very old but we have shown by the previous reflexions that it is still essential, especially
from the design point of view. This approach was the aim of an AGAD Working-Group (see [1]).
- This model corresponds mathematically to an infinite blade number and it is well defined from the reduction of 3D
Euler equations when all the tangential gradients are cancelled. The same approach using the N.S. equations is
more complex because several simplified hypotheses concerning the radial viscous terms have to be adopted.
- The mean axisymmetric flow concept involves all the average problems which were studied by an an AGARD
Working-Group (see (21).

3 - FULL 3D CALCULATION OF AN ISOLATED BLADE-ROW

An isolated blade-row is the only case corresponding to a steady flow in the relative frame (rotational speed, inlet
and outlet conditions have to be steady). Besides, since the flow is periodic in each blade-to-blade passage, it is thus
sufficient to compute the flow in one passage only.
A full 3D computation is now feasible with the existing large computers and it is possible to directly use the actual
3D approach to design a compressor fan or an inlet guide vane turbine.

Direct mode calculation
The optimization of a blade profile through a 3D N.S. direct calculation by using an iterative process is, of course,
theoretically possible but still very expensive. It is thus very interesting to examine the possible simplifications of
the viscous effects. The use of3D Euler solvers (inviscid flow) is very efficient if there is no risk of blockage due to the
viscosity like in the transonic configurations. First of all, the improvement of an existing profile is easy to achieve.
Once one gains experience, only a few iterations are needed to modify several blade sections from hub to tip in order
to obtain an improved inviscid velocity distribution.
Very good results have been obtained on existing transonic axial compressors with small changes of the blade shape,
leading to a decrease of the overvelocity on the suction side.
The design of a very new blade profile is also feasible but the viscosity effects have to be taken globally into account
mainly for deviation, blockage and losses. A typical example of the design of a transonic fan with shrouds (Fig. 6)by
using a direct 3D Euler solver is shown in a SNECMA paper 131 (see also [4 and 51.
We would like to point out that there are now a lot of papers available on 3D Euler or N.S. calculations applied to
turbomachines [6 to 17], but they concern essentially the direct analysis. A special AGARD Lecture Series was
devoted to this subject (18].
The different ways to solve N.S. or Euler equations are analysed in the corresponding report for incompressible,
compressible, transonic and supersonic steady or unsteady flows. Of course, all these methods can be used to design a
blade profile via an iterative process.

Viscous losse simulations
Although in the design approach, the use of 3D N.S. codes are very expensive, on the other hand, there is some risk if
the viscous effects are completely neglected. Thus it can be useful to improve the Euler solver by adding a viscous
losses simulation.
The body-force concept is quite old, and as proposed by Denton [191, it is easy to include in the unsteady Euler solver
a wall friction force in the momentum equation as follows:

-- + DIV(pV@V +p)=f
at

The force can be directly related to the classical skin friction coefficientI f = p V2 
Cf.

The Cf value is given as constant or with a streamwise distribution. However, it has to be adjusted based on some
experimental data assuming that it remains valid for similar configurations. The force is applied to blade suction
and pressure side, hub and tip. Due to the numerical viscosity, an artificial entropy layer is created near the walls.
Its behaviour is similar to that of an actual boundary layer. (It is to be noticed that the velocity on the wall has
decreased compared to the external main velocity, but is not equal to zero as in the actual viscous layer).
The results given by this very simple simulation are very interesting especially vhen the external velocity
accelerates or remains constant. However, if separations occur on the wall, the simulation is not realistic enough and
we suggest the following improvement:
The dissipative force is in fact directly related to the increase of the momentum thickness [ = I p V

2 
dS/de d(81 + 81).

Thus by using the Von Karman equation and neglecting the skin friction if decelerated flows are considered, we can
write the following equation:

d6 [H + 2 - M,1d d22
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We can also assume that H = H-+ a M2, with oa=0.4 and Hi = 2.
So the force which must be applied on the wall is related to the external Mach number gradient provided that an
estimation of the displacement thickness is known. This improved simulation has been included in the 3D Euler code
performed at ONERA [16], which is an extension of the 2D code. (Some details are recalled in section 2.5). The losses
simulation leads to realistic results. Some comparisons with experiments are given on Fig. 7 and 8 where the
measured and calculated tangential averaged radial distributions of angles and total pressures are plotted. The Fig.
9 gives the detail of the main aerodynamic variable evaluations in the absolute and the relative-frame versus the
tangential direction for different sections from hub to tip. The complexity of the flow field is well illustrated on this
figure. The warping of the stream surface corresponding to the actual 3D effect, is shown by the tangential evolution
of the meriodional 4t.
The occurrence of vortices result from the meridional and tangential angle distributions. More details on this simple
but realistic viscous losses simulation will be published soon by the author. The 3D Euler code including the losses
model has been recently used at ONERA to design a supersonic axial compressor fan with the following main
characteristics :
- Pressure ratio = 2; Inlet hub-to-tip ratio = .7; Tip speed = 415 m/s.
Several isentropic Mach number distributions on suction and pressure sides are gven on Fig. 10 for different rotor
blade sections. We notice that there is no over velocity and that there is a controlled deceleration. The design of this
compressor is a part of a Chinese-French collaboration. The test apparatus is being manufactured in China in
1988/1989 and the experimental results are not yet available. The figure 11 shows the shape of the expected
streamlines on the rotor blade pressure and suction sides.

Inverse or semi-inverse mode calculation
The inverse mode is quite an old concept which aims at avoiding the iterative process of the direct calculation design
mode. In theory, an inverse calculation code gives, as a result, the geometry of a blade corresponding to an assigned
pressure or velocity distribution on the profile. A great advantage is that the viscous effects can be directly included
via the boundary layer concept: the inviscid inverse calculation gives a profile which takes into account the
displacement thickness which is determined from the assigned velocity distribution.
As specified later on for the 2D case, there are different kinds of inverse approaches. Besides, in the 3D approach, the
design procedure can be applied to the tip and the hub surface which are not necessarily axisymmetric.
The strcking of the blade sections is also an important parameter especially for non-rotating blades. Thus the
application of the inverse mode is not so easy and that leads to some unsolved problems.

Full inverse mode (blade only)
The mean disadvantage of a full inverse calculation which gives the whole geometry of the blade profile is that the
shape and particularly the thickness is not known in advance. The profile could be unrealistic and, in fact an
adjustment of the assigned pressure distributions is needed. Up to now, no publication concerning a full inverse 3D
method has been available. We can well imagine that some codes will be proposed in the future, but certain problems
concerning their applications can be expected, especially for rotating blades where the radial thickness evolution
must be controlled accurately.

Semi-inverse mode
In the semi-inverse approach, the pressure distribution is assigned only on a part of the profile and thus certain
mechanical constraints such as the thickness can be taken into account. This technique which has already been used
in 2D flow, seems to be easier than the previous one. There are no apparent difficulties when imagining such a
method or the writing of the corresponding code but no paper has been published on this topic yet.
It is pointed out that this semi-inverse mode can also involve the design of the tip and hub shape.

Full optimization method
The optimization method is probably the most tempting way to design the whole blade-row (including tip and hub
shape) by using a full 3D calculation. This method is used for 2D flow [20).
It consists in determining by a direct analysis the influence due to an isolated variation of typical parametet s and/or
particular points carefully selected on the blade profile. Then, by using the matrix of the influence coefficients, it is
theoretically possible to determine the whole blade-row geometry corresponding to a desired pressure field. Of
course, it is rather difficult to carry out such a computation programme, but we are hopeful that some company will
take an interest in this topic in the near future.

4- QUASI 3D DESIGN CALCULATION

The flow is assumed to remain axisymmetric. An approximation of the 3D flow results from the combination of the
mean through flow and the blade-to-blade flows which are computed on each axisymmetric stream surface. These
two sorts of flow are study separately below.

4.1. Through flow calculation

Several remarks have to be recalled:
i) Two main results are expected from a through flow calculation:

- The radial evolution of temperature, pressure and velocity triangles in the absolute and the relative frame,
particularly at the inlet and the outlet of each blade-row;
- The geometry of the axisymmetric stream surfaces, i.e., their radius and thickness axial evolution (see an
exemple on Fig. 12).

ii) The shape of the stream surface is closely connected to the losses and, most essentially the secondary effects.
They must thus be taken into account, even if only in a simplified manner.

iii) A through flow calculation can be considered as director inverse.
In the direct mode, the geometry of the blade profile is known. Its influence is simulated in the calculation
through the thickness and the mean angle variation in the relative frame inside the blade passage.
The mass flow is given (even indirectly). The radial evolutions of the total temperature and the total pressure
result from the calculation.
Different sorts of inverse mode can be imagined.
The axial location of the blade-row and its thickness distribution are usually given. The radial evolution of the
total pressure or the total enthalpy ratio is also given. If the losses are not simulated, the radial evolution of the



efficiency must be given. The velocity triangles result from the calculation in the absolute and the relative

frame.
In both cases, the st-earn surface geometry is computed.

iiii) There is an important limitation concerningthe validity of the direct method application. In most cases, the
axial velocity remains subsonic, thus in the through flow model, the upstream flow depends on the downstream
conditions. This is not necessarily true for the actual flow if there is a supersonic region in the blade passage.
The phenomenon occurs for two typical configurations:
- Started supersonic relative flow at the inlet of the blade passage (supersonic compressor and turbine). If the
solidity is not too small, the unique incidence phenomenon exists and the inlet velocity triangle is directly
related to the suction side geometry of the blade.
- Choked flow. Depending on the blade passage geometry (with a possible throttle) and the pressure ratio, a
sonic line followed by a supersonic zone can occur. (Transonic compressor, transonic and supersonic turbine).
For both cases, the inlet flow is not influenced by the downstream conditions and consequently, the mass flow
must be a result of the computation. Rigorously speaking, a through flow calculation is not valid for these
configurations but some modifications can be incorporated into the code in order to extend the validity domain.
Theoretically, the application of the inverse mode is not limited because the blade profiles are supposed to be
designed in order to correspond to the inlet and outlet velocity triangles for each section.

The steady 3D flow equation using the cylindrical coordinates can be written as follows:
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The mean through flow equations are deduced via the hypothesis d/d0 = 0.
0 Several methods have been used to solve these equations, mainly finite-difference and streamline curvature

methods.
It is not possible to give here a complete list of the publications concerning this topic. An AGARD meting was
devoted on the through-flow calculations in axial turbomachinery [21]. A large bibliography was given by SEROVY
in l].
For particular applications, it can be useful to use the radial equilibrium approach which is a simplification of the
through flow equations. By a combination of the previous equations, the following relation can be written:
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where Vo = tangential component of the velocity
Vm = meridional component of the velocity
4i= meridional angle

meridional streamline radius of curvature

By using the Mach number instead of velocity, this equation becomes:
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where Mn = axial component of the Mach number
P = tg'(V/Vnm)

We can observe that if the radial evolution of the radius of curvature Rm and the slope (P of the streamline are given,
this equation is independent of the axial coordinate. It can be directly integrated if the radial distribution of the total
pressure, the total temperature, and the tangential angle are given. Considering now the mass flow conservation, we
obtain two differential equations, for instance, in the following form:

dr 2  r, cusp, Ptl2 M where E(M) = ratio of area on sonic area

dr1  r 2 Cs p 2 Pt2 Tt" ENO4}

dP2  dP2 dr 2
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Then, starting from a given station 1, it is easy to integrate these equations into a station 2. If there is no blade-row
between the two stations, we consider the conservation of RV0 . If there is a blade, we consider the conservation of the
rothalpy (CpT + w2/2 - o

2
r

2
) in the relative frame, with some osse correlations concerning the efficiency.

This simple method can be used in direct or inverse mode. It very quickly gives a first approximation of the through
flow field. (It is to be noticed that its extension, which consists in determining iteratively the raidius of curvature and
the slope, leads to the streamline curvature method).
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4.2 -Blade-to-blade calculation

The stream surfaces computed by the through flow calculation generally offer a variable radius and thic'-ness. The
blade-to-blade calculation must then take into account these variatons. The cascade methods, which are strictly 2D,
are not valid for pr._ctical applications.
We will now give a short overview of blade-to-blade calculations by considering separately the inviscid and the
viscous methods.

4.2.1 - fnviscid blade-to-blade flow calculations. As the methods described in the technical literature are

numerous, such a survey will necessarily be incomplete, and will only address the main families of methods.

Oirect calculation

We shall first review the direct methods currently recommended for blade-to-blade calculations in the following
configurations:

i) Subsonic conditions: the flow is subsonic throughout the whole field.

ii) Supercritical conditions: the flow is quasi-subsonic throughout the whole field, with, at the utmost, supersonic
pockets which do not extend from the upper surface of a blade to the lower surface of the next blade; in this case.
the entropy variations associated with the passage through a possible shock wave can be disregarded.

iii) Supersonic conditions: the supersonic area of the flow occupies at least one full section ofan interblade channel.
In this area, recompression shock waves are more intense, and the corresponding entropy jump cannot be
disregarded.

There are essentially five categories of the blade-to-blade flow calculation methods; they differ by the numerical
techniques used.

Singularity methods
Singularity metods are based ,n the principle of the superimposition of potential flow solutions; the potential from
which the flow is derived is considered as the sum of elementary potentials corresponding respectively to:
- the basic uniform flow;
- sources, sinks or vortices located in adequately selected points of the flow fields.
The various singularity combinations proposed in the published literature are as follows:
(1) Singularities located within the blade contour; this method applies essentially to low camber blades [22].
(2) Singularities made up of vortices located on the blade contour. These methods lead generally to more accurate
results than the previous ones. They were developed for flows in incompressible fluids, but can be extended to the
case of subsonic flows of compressible fluid, by the addition of sources and sinks in the inter-blade channels,
representing the compressibility effect [23, 24].
With such methods, the precision of the inviscid solution on the trailing edge makes it possible to determine the
direction of the flow issuing from the cascade, with the help of Kutta-Joukowski or an equivalent condition. This
condition can be easily introduced in the computation prograrme. This method offers an ad".tional advantage: due
to its high degree of accuracy, it permits a fine analysis of high velocity gradient zone (in the vicinity of the leading
edge, for instance) which is important in view of the prediction of boundary layer transition. Its major drawback lies
in the fact that it is limited to the case of subsonic flows without shock-waves.

Methods based on the curvature of streamlines
Streamline curvature metLods are quite commonly used. Their starting point is a family of pseudo-streamlines
deduced, by similarity, from the prole geometry. The transverse pressure gradients are connected to the curvature
of these streamlines; a transverse velocity distribution is derived, and, by iteration on the continuity equation, the
shape of the streamline is changed until a convergence of the process is reached [25, 26].
The main advantage of this method is the rapidity of the computation, also for subsonic compressible flows. For
transonic flows, difficulties arise because of the discontinuity of the streamline curvature at the shocks and because
of the ambiguity in the choice between a subsonic or supersonic solution. Another drawback lies in the lack of
accuracy in areas of strong curvature (leading and trailing edges). As a result, local velocity peaks are smoothed out
which limits the capability in predicted boundary layer behaviour.

Finite-difference or volume methods
It is necessary to distinguish oetween methods where entropy is assumed to be constant, and methods where entropy
variations are taken into account.

A) Stationary irrotational flows

i) Relaxation method using the stream function: the continuity equation allows definition of a stream function
which combined with the condition of irrotationality provides a second-order, non-linear equation for
compressible flow. This equation is generally discretized in an orthogonal grid, by means of a scheme suite for
an elliptic type problem (subsonic flow).
The finite-difference equation is solved by a relaxation technique [27] or by a matrix technique [28).
This well-proven type of method is relatively fast and shows good agreement with experiments. A second
advantage is the case of extension of these methods to rotational flow on non-cylindrical stream surfaces. The
major drawback is the necessity to specify the outled 'low angle.

ii) Relaxation methods using the velocity potential: this type of method has first been developed to calculate
transonic flow around isolated airfoils. However, the number of references on this method are too numerous to
be listed here.
The ambiguity between the subsonic and supersonic solution, when using a stream function has been avoided
by the use of a potential function. However, this requires the assumption of irrotational flow. The continuity
equation provides a non-linear, second-order, partial derivation equation which is of the elliptic type in the
subsonic field, and of the hyperbolic type in the supersonic field, Discontinuous solutions can be adopted for this
equation although they do not satisfy the Rankine Hugoniot relations for shock waves. The methods
recommended in the published literature differ essentially by the discretization method adopted:



34,

- it is possible to use mixed discretization schemes, that is centered meshes in the subsonic flow, and eccentric
meshes in the supersonic field [29]; with this method, it is necessary to subject to a special treatment the points
where discontinuities appear (shock waves), for the scheme to remain conservative;
- it is possible to put the scheme off center, systematically, by using a term of artificial viscosity; this type of
method leads generally to a conservative scheme [30];
- an original method [31] consists in using a discretization method of the finite volume tye.

Nueial results obtained by this method are very satisfactory if the Mach number upstream of the shock is

only slightly supersonic. However, the use of a potential function makes it difficult to control the mass flow
through the flow channels (conservation problem) which puts a limitation to the prediction of choking.
Furthermore, the use of a potential function does not allow the application of these methods to rotational flow
on non-cylindrical stream surfaces.

iii) Pseudo non-stationary, isentropic method: the iterations of the relaxation method can be replaced by
introducing in the equations time dependent derivatives which do not necessarily have a physical significance.
The entropy is assumed to be constant in the whole field, even during transient periods, so that only the
stationary asymptotic solution has a physical significance [32].
While this method, which requires a longer computation times, has a more extensive field of application than
the previous methods, it is limited to the case of motions with only low intensity shock waves.

B) General solution to Euler equations under steady conditions

Until now, the problem raised by the mixed elliptic-hyperbolic nature of the Euler equations for steady transonic
motion with intense shock could only be solved by non-steady type methods. Here again, we find the characteristic of
the steady flow considered as the asymptotic state of a non-steady motion.
Such methods offer the great advantage of being applicable to any transonic flow; however, they require long
computation times for the asymptotic condition to be achieved. As far as cascades are concerned, the computation
time depends on rapidity with which disturbances get damped and disappear at the borders of the computation field.
As the asymptotic solution is the only solution retained, the intermediate states do not need to have a physical
significance, and the non-steady terms can be modified in order to accelerate the achievement of the final solution.
With these methods, shock waves are usually dealt with by means of a shock capturing method, with which they
a ppear quite naturally, owing to the dissipative properties of the numerical schemes used (dissipative properties
which are either natural or reinforced by an artificial viscosity term).
While this technique is simple, it is not accurate enough as regards the description of shocks; these do not appear as
true discontinuities, but are somewhat spread out.
The use of a two-step calculation process [33,34] offers the advantage of second-order accuracy.

Finite element methods

Finite element methods are of increasing interest for computations.
This method is based on an approximation of dependent variables in the form or polynomials, and on an integral
definition of the problem (35,36,37].
The benefits expected from technique are as follows:
- possibilitiy of giving an optimum design to the grid of the plane, especially by using curvilinear meshes;
- automatic treatment of natural boundary conditions;
- preservation of symmetry in the discretization of differential op rators.
On the other hand, we risk increasing the computation time due to the complexity of the meshes used and to the
number of terms of the polynomials.

Methods of characteristics

As supersonic flows lead to equations of the hyperbolic type, one can think about calculating the supersonic flow
directly from the upstream boundary conditions. The field of dependence of each point is then defined by the
characteristics issuing from it.
This very classical problem is described in numerous references and the application to two dimensional or three
dimensional blades is described in [38] and [39].
The main difficulties encountered are as follows:
- the supersonic field must be perfectly well defined (fully supersonic flow), and upstream conditions (supersonic flow
or sonic line) must be known;
- only oblique shock waves can be taken into account, since the flow is subsonic downstream of normal shocks; and
the method is no longer applicable;
- the computation cannot be carried out unless the upstream boundary conditions are set. Thus, as regards turbine
cascades, the sonic line has to be calculated first, for instance by a method of series development [401: in this case, the
subsonic portion of the flow is calculated by any method which can use the downstream boundary conditions as
defined by the calculation of the sonic region
For all these regions, the method of characteristics is only applicable to cascades with a well-defined minimum
section where the sonic line can be calculated in a sufficiently accurate manner.
In addition, the use of other computation methods suited to calculate the subsonic flow field increases markedly the
complexity to the computation process.

Inverse calculation

Improvement of the aerodynamic performance of turbomachine elements requires a correct tayloring of the velocity
distribution on the walls of this element since this velocity distribution determines the behaviour of the viscous
layers in which originate the losses.
Use of inverse methods is of great help in tayloring the velocity distribution and leads to the design of blades adapted
to any operating conditions.
Inverse methods defining blade geometries corresponding to a given velocity distribution on the walls are known for
many years [41,42] and have been widely used [43, 441.
However, use of these methods has some drawbacks:
- great number of inverse methods can be used for isentropic flows only and are not well-suited for flows with strong
shock waves;
-they are usually, fully inverse, i.e., the velocity distribution is given on all the wall of the channel or the blades and
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quite often not realistic geometries come out of the computations, that most of the time do not satisfy requirements
imposed by non-aerodynamic considerations.
Most of them applyto 2D flow fields only and are unable to take into account the change in stream tube thickness.
It is quite impossible to give an exhaustive catalogue of the inverse or semi-inverse method. The main interesting
p apers on this field are given in Ref. [20,45 to 55].
Several specialised meetings have been recently devoted on this topic [56, 57] and the corresponding publications
give a very useful synthesis of the different inverse methods.
We will now recall a simple way to correct and to improve the velocity distribution on an existing profile. This very
general method, based on the time marching Euler solution has been developed at ONERA [58, 59, 601.
'ime marching methods are well-suited for the resolution of Euler's equations and can be used for transonic flows
having both subsonic and supersonic domains, even with strong shock waves in-between. In direct mode, the
boundary condition on a wall consists in imposing the normal velocity equal to zero. All other aerodynamic values,
such as Mach number, pressure and temperature, are computed. At the opposite, in the inverse mode, we assign a
local static pressure and we compute all the other values by using compatibility relations.
This treatment gives a large choice of conditions that we must assign on the boundary of the calculation domain.
Passage from direct mode to inverse mode is easy and by tayloring the boundary conditions, semi-inverse methods
can be used to satisfy geometric conditions, keeping unchanged for instance the pressure side of the blades and
smoothing out the velocity distribution on the suction side. In some other cases, the blade thickness law will be kept.
The mesh system has to be modified at each iteration and one should take into account the speed of displacement of
the meshes. Numerical tests have shown that if the final asymptotic flow only is researched, this correction can be
neglected.
A first solution consists in building the new wall using the flow angle computed at each boundary mesh. A second
solution, which is more rigorous, consists in moving the boundary mesh in order to annul the normal velocity
component.
Direct or inverse arrangement conditions do not present difficulties, i.e., semi-inverse applications can be imagined
on different walls in the camputed field. An inverse condition can follow a direct condition on one or several walls.
The opposite is possible, but so far we have never needed it. An inverse condition can be assigned as a function of
linear or curvilinear abscissae, possibly reduced. Thus, many applications can be assigned; however, some remarks
should be considered.
It has to be emphasised, that during the whole computation the shape of the meshes must be continuous, otherwise a
divergence of the computations may appear. Thus if the initial mesh network is very different from the final one, a
special care should be taken for the evolution of the meshes.
In all the cases presented below, the meshed are displaced in the 0 direction only for sake of simplicity and gain in
computation time. Only small changes in the mesh system are then observed.
It has to be noted that for a given pressure distribution, there is not necessarily a corresponding blade.
Obviously, assigned pressure distributions must correspond to a physical reality. In particular, different cases can
happen at the junction between direct and inverse application: if the flow is locally supersonic, a jump in static
pressure is allowed (hosck wave or expansion); if the flow is locally subsonic, a smooth evolution between imposed
and computed pressures is required.
Another inverse application consists in determining the flow field corresponding to a given pressure distribution
assigned on a given wall geometry. This does not correspond to our definition of inverse mode and its treatment by a
time-marching code seems difficult.
Some typical applications are now analysed. In the case of the flow in a compressor or turbine blade cascade, the
computation domain is limited by the suction side A1 F1 and the pressure A2 F2 oftwo adjacent blades (Figure 13) and
lines BIAI and B2A 2 upstream of the blades, F1 CI and F2C2 downstream of the blades that satisfy the periodicity
condition, i.e., at two points G1 and G2 of these lines situated at the same distance from the cascade, all the
parameters have identical values.
The fully inverse approach consists in prescribing pressure distribution on lines AIF 1 and A 2F2, periodicity
conditions on B1Al and B2A2, as well as on FICI and F2C2, and determining the corresponding boundary lines.
Usually at the end of such a calculation, distance FIF 2 differs from pitch AIA 2, which means there exists no actual
blade that gives the prescribed pressure distributions. In fact, only one value of solidity corresponds to a closed
profile for a given pressure distribution.
In practice, the adjustment of the cascade solidity (chord divided by pitch), in order to obtain a fixed blade thickness
at the trailing edge, can be obtained (a) by adjusting the cascade pitch during the time-marching process or (b) by
adjusting the pressure distributions.
An example of such a computation was reported in 159] for a turbine blade cascade. As shown in Figure 14, this is a
high expansion ratio cascade and there was a non-regular pressure distribution on the suction side. Figure 14(a)
shows, by means of a broken line, the initial blade and the pressure side of the adjacent blade.
In order to improve the cascade flow, the pressure distribution shown by solid line in Figure 14(b), downstream of the
two arrows, was chosen (as a matter of fact, the pressure distribution on the pressure side was kept unchanged). The
blade shapes corresponding to the modified pressure distributions are shown by solid lines in Figure 14(a). The pitch
is slightly increased.
Another example is shown in Figure 15. This is a supersonic impulse turbine blade with a fixed solidity. The
pressure distribution on the suction side is fixed; on the pressure side, it is assumed that the pressure is constant and
its value is modified until a blade with satisfactory trailing edge thickness is obtained (remark: since the inlet and
outlet Mach numbers are supersonic, there is no pressure continuity between pressure side and suction side).
The solution is very close to case III of Figure 15(b).
A more realistic example is shown on Figure 16 where the pressure side velocity distribution was adjusted in order to
obtain a close profile with a non zero-thickness at leading and trailing edge. In fact whatever the process used for
ensuring the profile closure at the trailing edge, the shape obtained may not be realizable, the thickness being either
too large or too small, or even negative. However, it apptars that, in most applications, one is mainly interested in
the pressure distribution over the suction side, which is the most critical as regards the boundary layer, for
compressors as well as turbines. This distribution is usually determined so as to minimise the losses due to viscous
effects. A particular attempt is made to reduce over-velocities and avoid separation. As regards velocity distributions
over the pressure side, they usuallypresent no particular risk.
A new method was developed in w ich the pressure distribution is prescribed on the blade suction side only, the
other one being obtained from geometrical considerations. A first application consists in prescribing the thickness
evolution. We thus directly obtain a profile corresponding to a given velocity distribution over the suction side and
having the required mechanical characteristics. We shall note that, the profile being automatically closed, the
cascade solidity may be chosen in advance.



However, a problem appears because two solutions can exist. Numerical experiences show that only solutions
corresponding to small deviations are stable. This is convenient for most of the compressor cases but only for few
special turbine cases.
Another semi-inverse mode consists in assigning, as geometrical requirements, the trailing edge thickness and the
geometry of a more or less long part of the pressure side near the trailing edge. The initial part of the pressure side is
built using a continuous deformation. The pitch and axial chord are fixed. This technique gives good results for a
turbine cascade, but obviously the thickness evolution is not controlled. An example is given in Figure 17.
If inverse or semi-inverse calculations give the blade shape with correct pressure distributions, one should not forget
that it is impossible to assign values to all aerodynamic parameters. If the inlet velocity and blade surface velocity
distributions are prescribed, the outlet velocity (axial as well as tangential components) results from the
computation. If the outlet velocity triangle is also prescribed, then a few iterations are necessary in order to obtain
the corresponding blade velocity distributions.
Therefore, starting with an approximately correct blade shape, that already satisfies the downstream velocity
conditions, the semi-inverse method gives with few iterations a pressure gradient-wise optimized profile with the
same performance. Typical examples of inverse or semi-inverse applications are given from the literature on Fig. 18
to 21 (HORSMANN and SMIDT [54], SANZ [52], CEDAR and STOW [20], JACQUO'TE [55]).

4.2.2. Viscous blade to blade calculations. When it becomes necessary to take into account the viscous effects,
two ways are open:
- solve the averaged N.S. equations (for instance [60]); this way is very expensive and probably not very useful (for
design mode);
- use the coupling approach: the main flow is considered as inviscid, and the viscous effects are concentrated in the
boundary layers close to the suction and pressure side, and in the wakes. (It is to be noticed that the most recent
sophisticated coupling methods are equivalent to a N.S. solution, not needed for the main design applications).
Different kinds of couplingcan usefully be considered. (For more details see [621]).
They depend on the one hand on the aim of the computation, and on the other hand on the flow pattern, according as
it comprises a separation or not, and as the flow is supersonic or not.
The perfect flow and the viscous flow computations can both be applied either in direct or in inverse mode.
Four kinds of coupling can be distinguished a priori. But we must recall that whenever a separation occurs,
boundary layer calculations have to be done in inverse mode.

Coupling method with an inviscid inverse flow computation

This problem corresponds to the design of the geometry, meeting imposed aerodynamic requirements. An inverse
mode perfect flow computation is applied. Two cases have to be distinguished, according to the kind of requirements.
1) We look for a given perfect flow behaviour. For instance, we assigned a pressure evolution (or velocity or Mach
number distribution) on the walls.
The choice of 8i as coupling frontier seems to impose itself, even though the other choices can be used a priori (Fig.
22).
The perfect fluid yields the 61 limit streamline. The boundary layer calculation gives the 81 evolution, but it can
succeed only if there is no separation , else it is necessary to modify the assign velocity distribution and to resume the
process. The real geometry is easy to obtain by substracting the 81 thickness to the computed limit streamline. This
very classical kind of coupling has been used for a long time, particularly for all the cases where there is no risk for a
separation to occur.
2) We look for a given boundary layer behaviour. For instance, it is the case of flows where we want to avoid the
extended separation that may occur. Then we start with an inverse boundary layer calculation, that can even
comprises a rectricted separation.
From a given friction coefficient or shape factor evolution for instance, the computation yields both the velocity (or
pressure) distribution, used then as a data by the inverse perfect flow calculation, and the evolution of 81. Therefore
the computation algorithm is represented on Fig. 23.
Then the wall geometry can easily be obtained. It has to be noticed that in the two cases, the problem is well set and
that no iteration is needed between the perfect flow and viscous flow computations. In practice, when taking into
qccount the technological constraints often imposed for blades design, these modes are applied just on parts of the
studied flow (semi-inverse design).

Coupling method with an inviscid direct flow computation

In this case, we have an analysis mode: an iterative process is needed to design a cascade corresponding to a desired
velocity distribution. The flow is computed in a cascade of well-known geometry, either when we give aerodynamic
conditions on the upstream and downstream frontiers crossed by the flow (mass flow, pressure, temperature and so
on), or when we look for a given shock pattern (for instance, when we want to impose the position of a normal shock
in a supersonic cascade).
Important distinctions have to be done: whether there is a risk of separation or not, whether the perfect flow is fully
supersonic or not.

i) Configuration without risk ofseparation
We use the coupling that associates the viscous an inviscid flow computations in direct mode.
The algorithm is as follows:
The iteration loop starts with given surface boundary conditions (i.e., conditions at or near the body). These
conditions are known from the previous iteration step.
An inviscid flow calculation provides a pressure distribution which is then fed into the boundary layer
calculation. This last condition furnishes new boundary conditions and the process is repeated.
It is clear that this method breaks down as soon as sparation occurs since the boundary layer is always
computed in the direct mode.
We can notice that we do not need to use an iterative perfect flow, boundary layer computation process if the
perfect fluid flow remains fully supersonic. As a matter of fact, the inviscid fluid has an hyperbolic behaviour
and the boundary layer a parabolic one. The computation can be done step-by-step, by directly solving the
coupling relation. This is easy to apply if the perfect fluid is treated by simple waves or by the characteristics
method (see some details in (63]).

ii) Configuration with a risk of separation (direct-inverse coupling)
The boundary layer has to be computed in inverse mode ifa separation occurs. According to the present

ii~~~~~~~~~~ 
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procedure, the same displacement thickness distribution 81(x) (or the equivalent) is fed both in the boundary
layer and in the inviscid flow calculations. Two pressure distributions p(x) for inviscid flow and j(x) for B.L.,
are thus obtained. (They coincide when convergence is reached). Here a new iteration cycle is started bysaing a new 81(x) distribution from the "error" p(x) - v(x).
Concerning the viscous flow, direct mode is rather used if the viscous layer is not separated and thin. Inverse
mode is used as soon as a separation occurs (or as the dissipative flow is strongly unbalanced).
These kinds of coupling methods at the walls or on displacement frontiers 61(x) have given very interesting
applications, especially on cascades but some problems can rise when a shock boundary layer interaction
produces a separation.
Basically, two cases can be distinguished according as the perfect flow near the reattachment (if there is one) is
supersonic or not.
For further details, one can refer to the synthesis done in [63] and (64).
The condition downstream of reattachment point is not easy to obtain to a complex flow pattern.
It has to be noticed that in the case of a subsonic reattachment, depending on downstream conditions, in which
the coupling process does not lead to problems a priori, can be considered in two different ways:
- either a downstream condition (most frequently the static pressure) is given : then the separated flow location
will be a computation result.
-or we impose the beginning of the interaction, and the inverse-inverse mode calculation gives the downstream
conditions.
This last possibility leads to interesting applications, mostly in internal aerodynamics, when strong shocks
occur, because we often try to compute flow patterns corresponding to well determined locations of shock waves,
or supersonic blade cascades).
Anyway, those two methods are equivalent, as far as the description of different working points is concerned.
The three above coupling techniques are said to be Mlict in the sense that the boundary layer and the inviscid
stream are computed in turn, the one after the other. Some supersonic methods were in fact j lcit coupling
procedures, since in these methods the two streams were determined simultaneously (see [631). Extensions of
the implicit procedure to elliptic flows, with a view to obtain higher convergence rates, are now available.
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PERFORMANCE PREDICTION FOR AXIAL-FLOW COMPRESSOR AND TURBINE BLADING

George K. Serovy
Department of Mechanical Engineering

Iowa State University of Science and Technology
Ames, Iowa 50011

United States of America

SUMMARY

The performance of compressor and turbine blading must be predicted in all of the levels of a conventional design
system, beginning in the preliminary design phase before blade row geometry has been defined. Because of this
requirement, many levels of complexity exist in both input and output of prediction methods, and alternative methods
exist within each phase of design.

A brief review of performance prediction problems and current solutions is presented. Because details of
equations and methods cannot and should not be included, references to original documents in readily available
sources are classified according to their place in configuration design and analysis.

It is concluded that both quasi-three-dimensional and three-dimensional computational methods have a
potential for future development in terms of configuration optimization. Additionally, it is concluded that
experimental data correlation is not dead, and that improvement potential exists in every area of the performance
estimation problem.

SYMBOLS AND NOTATION

c blade section chord length
D diffusion loading parameter
Deq equivalent diffusion loading parameter
ho total enthalpy per unit mass
i incidence angle, measured from tangent to camber line at leading edge
M Mach number
P total pressure
p static pressure
r radial coordinate
s blade spacing
V absolute velocity
x axial coordinate
z spanwise coordinate
! angle between relative fluid velocity and meridional plane
, blade setting angle (stagger angle)

8 deviation angle, angle between fluid velocity and camber line tangent angle at trailing edge
0 boundary layer momentum thickness
K blade section camber line tangent angle measured from meridional plane
o cascade solidity, c / a
4V blade section camber angle
U) average total pressure loss coefficient

Superscripts

average value

* at minimum loss incidence angle

Subscripts

m component in meridional plane
max maximum
r radial component
rel relative to rotating blade row
SS suction surface
x component in x-direction
z component in z-direction
6 tangential component
1 blade row inlet
2 blade row exit

INTRODUCTION

The subject of blade row performance prediction is reviewed in this lecture on the basis of the requirements of the
various phases of compressor and turbine design. Discussion is limited to aerodynamic performance, but it should be
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recognized that parallel prediction of stress and aeromechanical behavior must also occur. Performance prediction is
defined here as the estimation by experimental data correlation or by flow field computation of fluid turning
(deflection) and losses (entropy production) upstream, within, and downstream of the individual rows of rotating and
stationary blades in compressors and turbines. In addition, methods for setting design blade section incidence angles,
for predicting blade-to-blade passage choking, and for estimating stall margin should be recognized as part of the
performance prediction problem.

Figures 1 and 2 are representative schematic illustrations of several flow phenomena influencing performance.
Figure 1 has appeared frequently in papers on compressor aerodynamics, and Fig. 2 is a product of turbine
aerodynamic research. These figures indicate the genuinely complex nature of both types of flow field; fortunately
they are only schematic, and as drawn they exaggerate the secondary features of the flow. While the real flows are
both three-dimensional and unsteady and the secondary flows are the source of both undesired flow angle distributions
and entropy production, the "throughflow" velocity components V. and Ve in the "core" flow away from the wall,
corner, and wake regions-where secondary flows are concentrated-move the major portion of the mass flow rate. The
secondary flows disrupt and modify the "core" flow, but control and detailed accounting for secondary flow effects
remain in the area of final-development-level geometry adjustments. Major portions of all compressor and turbine
design systems do and will consist of design/analysis based on one-dimensional or two-dimensional (called quasi-three-
dimensional) flow models.

Figures 3, 4, and 5 summarize the basis for the linear cascade model, which is an element in all quasi-three-
dimensional design/analysis, and show the principal geometric and kinematic variables associated with the linear
cascade. The first assumption basic to the linear cascade model is that computed stream surfaces of revolution can be
generated for a circumferential-average, steady relative flow, and that adjacent surfaces can be used to generate a
series of stream tubes of revolution in the hub-to-tip flow. The section of the blade intersected by two closely spaced
surfaces can then be used with the computed entrance and exit velocity and property values to define a linear cascade
of blades that can be used for performance prediction purposes and for experimental performance evaluation. This
model, of course, cannot account for many of the secondary features of the flow fields in actual blade geometries as
indicated in Figs. I and 2.

In subsequent sections of the lecture the requirements for and the present status of performance prediction
methods are described for each phase ofthe design process. At the end of these sections a classified list of references is
given, with more complete bibliographic information included at the end of the lecture text. References have been
listed which are both historically and currently important, and nearly all ofthose selected are believed to be readily
accessible.

PERFORMANCE PREDICTION IN THE THREE-LEVEL DESIGN SYSTEM: GENERAL COMMENTS

For prescribed overall design-point performance values, a new multistage compressor or turbine geometry is
normally designed in a three-level, iterative optimization process. These levels, as shown in Fig. 6, might be described
as follows:

1. Preliminary Design: Selection of possible stage design parameters and stage envelope geometry (hub and
tip wall diameters and stage length), tentative blade row solidity and aspect ratio values, and spanwise
velocity diagram estimates.

2. Quasi-Three-Dimensional, Throughflow Design/Analysis: Combined and iterative hub-to-tip velocity
and property distribution computation based on stations within and between blade rows to fix hub and tip
profiles, with initial blade row geometry definition.

3. Three-Dimensional Throughflow Analysis: Flow-field computation upstream, inside, and downstream of
individual blade rows to evaluate flow path geometry and locate flow-field problems. First-build
development blade row geometry is a product.

Requirements for performance prediction vary greatly between levels, and within a given level widely different
approaches are both available and used.

Preliminary Design

Although not every "new" compressor or turbine requires a true preliminary design phase, the information on
candidate configurations developed in preliminary design must be available before the second-level design/analysis
can begin. Preliminary turbomachine design answers the questions "What might work, and could the roughly defined
candidate geometries perform satisfactorily when integrated with other system (e.g., aircraft turbine engine)
components?"

In preliminary design there may be, in addition to specified design operating point conditions, some restrictions
on turbomachine outer diameter, length and rotational speed. However, no flow path or blade row geometry is known.
In fact, these items are not the objective in preliminary design. Many choices must be made on the basis of the
designer's experience. As a consequence any blade performance prediction criteria must be simple and based only on
assumed preliminary blade row geometric parameters such as solidity, chord length, and aspect ratio. Only the
simplest across-row velocity and property distribution calculations can be made, and these are often one-dimensional
(mean-line) or simple radial equilibrium computations.
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Performance prediction for blading when there is no blading is limited to setting experience-based limits on row-
average or mean-line geometric and aerodynamic parameters. These limits are used to set trial design values for the
parameters, and the design values might be used with experience-based correlations to predict average blade-row and
individual stage performance.

Performance prediction requirements for preliminary design initiated the development of diffusion limit criteria
that permit "safe" velocity diagram values to be computed. Examples are the Lieblein et al. (1953) and de Haller
(1953) compressor cascade diffusion parameters and the Zweifel (1946) coefficient for turbine blade row solidity.

Mach number limits, which might include axial Mach number as well as relative Mach number maximum levels
for individual blade rows, have increased substantially over the years, so that it is not a good idea to give currently
accepted numerical values. It is a good idea to recognize that M limits depend on the application and on the experience
of the designer's organization in development of high Mach number cascade geometries.

Minimum Reynolds number levels may be set, and in some cases manufacturing and damage-tolerance
considerations may set minimum acceptable values of blade dimensions.

Overall compressor and turbine performance prediction at the preliminary design level is usually carried out by
one-dimensional, mean-line calculations, again because of the lack of well-defined blade row information.

Quasi-Three-Dimensional, Throuh flow Design/Analysis

The term "quasi-three-dimensional" has become the recognized designation for design or analysis calculation
methods that use two-dimensional approximations to the flows in hub-to-tip surfaces and in blade-to-blade surfaces.
Blade row performance prediction results are a part of the input to the hub-to-tip surface flow field solution. This
input is in the form of hub-to-tip distributions of quantities that determine flow direction and entropy for calculation
stations located in the spacing regions between blade rows, at stations corresponding to leading edge and trailing edge,
and at stations internal to the blade rows.

The hub-to-tip flow direction and entropy,l stributions described caz come unly from a rather detailed knowledge
or assumed knowledge of the blade-to-blade flow. This knowledge, in turn, can come only from experimental
correlations of airfoil cascade data or from blade-to-blade surface flow field calculations capable of dealing with the
effects of compressibility and viscosity. An immediately obvious problem with an unmodified quasi-three-dimensional
analysis method is that it cannot, within its own structure, account for the secondary flows shown in Figs. 1 and 2 and
the corresponding potential for secondary losses. These effects can only be artificially introduced into the computation
system by flow angle and entropy production adjustments.

Three-Dimensional Throughflow Analysis

During the past ten years a few of the many turbomachine-oriented computation systems described by their
developers as three-dimensional have actually under close inspection been found to be three-dimensional. Of the few,
some are inviscid and can therefore only predict a very limited type of"performance" information. The three-
dimensional, viscous computation systems appear to have a long development period ahead, in which fluid shear stress
modeling and computation time reduction will play the same major part that they play in all computational fluid
dynamics applications.

VARIABLES AND PARAMETERS OF INTEREST IN BLADE ROW PERFORMANCE PREDICTION

As shown in Figs. I and 2, in contemporary compressor and turbines the flow is viscous, compressible, and
unsteady in complex three-dimensional passage geometries h . -ting relative motion of passage boundaries. When the
present state of fluid shear stress modeling and the nature ofrue unsteadiness generated by varying blade numbers in
the alternatively rotating and stationary rows is considered, there seems little chance that completely defined and
correct compressor and turbine flows will be computed in the near future, thus finally solving the performance
prediction problem. In view ofthis the need is apparent for continued evaluation and reevaluation of performance
prediction based on the linear cascade model, with corrections arising from detailed experimental and computational
studies of secondary effects.

If we want to consider the cascade flow problem in the geometrically two-dimensional context, and in a thorough
manner, a list of the variables known to influence the experimental linear cascade model should be on hand. For this
lecture, the first list is based on the linear cascade model, and the second list includes the secondary flow generators
which can exist in finite length, finite-aspect ratio linear cascade test facilities, and do exist in compressor and turbine
blade rows. These flows do affect the cascade performance. The lists should also be considered in planning linear
cascade computational studies.

Linear Cascade Variables for Two-Dimensional, Steady-State Flow

Configuration (geometric) variables

Blade section geometry

Camber line shape Chordwise location of maximum camber
Value of maximum camber (or camber angle)
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Thickness profile Distribution of profile thickness along camber line
Ratio of maximum thickness to chord length
Leading edge shape or radius
Trailing edge shape or radius
Manufacturing errors and tolerances
Surface finish

Stagger angle (angle between blade chord line and cascade axial direction)

Solidity

Flow Variables

Thermodynamic property characteristics of p, v, T relationship Isentropic exponent
working fluid Specific heats Other (e.g., water vapor content)

Viscosity characteristics

Entrance total pressure and temperature

Upstream flow angle measured relative to cascade axial direction

Mach number in leading-edge region

Reynolds number

Leading-edge region turbulence (intensity,scale, isotropy)

Incidence angle

Axial velocity-density ratio distribution (stream tube thickness variation)

Back-pressure (static pressure) ratio for started supersonic flow

All of the variables above are independent variables and are known to influence the dependent performance
variables associated with the entrance region, internal, and downstream flow fields.

The usual dependent variables and parameters considered to be of probable interest as measures of performance
are listed as follows:

" Leading edge plane angle distribution associated with average incidence angle

" Trailing edge plane velocity magnitude, flow angle and total pressure distributions with corresponding
averaged exit angle and loss coefficient; trailing-edge suction and pressure surface boundary layer thickness
parameters

* Downstream plane flow angle and total pressure distributions and averaged parameters (including "mixed-
out" values)

" Blade surface static pressure distributions

* Shock wave characteristics (in supersonic flow regimes) in leading edge region, trailing edge region, and blade-
to-blade passage

" Velocity magnitude, fluid angle, and pressure fields in blade-to-blade passage

There is also a long list of additional variables generally accepted as influencing the secondary flow and
secondary loss patterns in the three-dimensional geometry of the compressor turbine blade.

Three-Dimensional Flow Generators

Aspect ratio-dihedral and sweep-related variables

Spanwise chord length distribution
Spanwise stagger angle distribution
Stacking axis shape and location in sections
Spanwise variation in blade thickness

Blade tip clearance and tip shape

Hub fillet shape or radius

Spanwise variations in entrance velocity
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CURRENT STATUS OF PREDICTION METHODS

Preliminary Design

Performance estimates during preliminary design are invariably derived from experience with existing cascade,

compressor, or turbine configurations. In the rough definition of possible geometries it is typical to select limiting

values of diffusion, or blade row and stage "loading" limits. A good example of such a limit is the original Lieblein

(1953) diffusion parameter

V2 5v
D=I- - + -

V, 2o V,

which was derived as a means for predicting the onset of excessive profile loss coefficients:

Pi - i;2

P1 - P,

For two-dimensional low-speed linear cascades of NACA 65-series airfoil sections, an upper limit ofD = 0.6 was
indicated, but for subsonic compressor blade rows also consisting of NACA 65-series sections, limits suggested were

D = 0.45 for rotor tip region at Mrel < 0.75,
D = 0.55 for rotor mean and hub regions,
D = 0.60 for stator sections at Mrej < 0.75.

These values are given here because for the blade sections and conditions used in the original correlation, they
could be considered as valid today. The parameter D was rapidly modified to account for radius change, and as airfoil
profiles were developed for transonic relative flows the idea of limiting values with an associated limit on relative
Mach number was revised. It is a fact that values of the D parameter, with modifications, continue to be used as limits
in preliminary design and continue to be routinely calculated in most compressor data reduction programs. The
Lieblein D contains the deHaller (1953) diffusion ratio as the second term.

A turbine blade loading parameter of corresponding character and stature is the Zweifel (1946) "tangential lift
coefficient," normally used in setting initial blade row solidity levels Wilson (1984) gives a clear explanation of the
use of the Zweifel criterion.

Additional diffusion- and stall margin-related parameters used primarily in the preliminary design phase have
been developed and are supported by data correlations. Useful examples for both compressor and turbine applications
are listed at the end of this section.

In a second phase of preliminary compressor and turbine design, the limited geometry and velocity diagram
information established for candidate designs is used to predict performance maps. This process usually is based on
one-dimensional stage-by-stage calculations in which correlations of data relating to various categories of"loss" and
effective passage area blockage due to end-wall "boundary layers" are used. In this area alternative methods exist in
the literature for both compressors and turbines, and these methods continue to be developed because they are vital to
cycle analysts and control designers.

Quasi-Three-Dimensional Throughflow Design/Analysis

In this design system phase the blade performance input to a through flow (hub-to-tip computation surface)
calculation is updated in successive runs as more and better information about the cascade (blade-to-blade) surface
geometry and flow field is determined. Figure 7 shows the computing station locations used in one variety of hub-to-
tip computation code. All ofthe variables and parameters listed for two-dimensional, steady-state linear cascade flow
become relevant for this situation as the compressor or turbine geometry is more thoroughly defined. In addition,
some of the secondary flow and loss effects can be approximated by correlations as the computation advances.

For both compressors and turbines, data correlations and/or blade-to-blade surface flow field computation
methods for performance prediction have demonstrated capability at this level. Data correlations have resulted from
linear cascade experiments and from single- and multi-stage test programs. For compressor blading, recent work on
inviscid-viscous interactions codes and on Navier-Stokes solutions has improved in terms of both turning and loss
prediction. In turbine blading, where surface pressure distributions from inviscid blade-to-blade computation can be
valuable in airfoil section improvement, numerous Euler and Navier-Stokes computation systems have been used for
blading definition.

The blade selection or design problem at this level is to specify, for a known blade leading-edge region flow, a
cambered airfoil section and cascade solidity, set at a stagger and incidence that will produce the necessary exit
velocity direction and magnitude. Data correlations are available for selection of cascade geometries in subsonic and
transonic cases, but in most current design studies, especially of high -performance transonic and supersonic blade
rows, arbitrary airfoil sections are determined by either iterative airfoil analysis or inverse airfoil design computation.
Because these computations generally determine an equivalent linear cascade, the question of how to relate velocities
and airfoil geometry in the equivalent linear cascade to the corresponding stream surface intersection velocities and
airfoil section is important. One widely accepted procedure is shown in Fig. 8.
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Fluid turning and loss prediction in quasi-three-dimensional methods are based on relatively complete input.
Data correlation-based and simple flow model methods usually include a basic trailing-edge deviation angle
prediction, possibly supplemented by hub and tip region adjustments. They also normally contain estimation methods
for three classes of loss. These are the profile and wake-mixing losses due to suction and pressure surface boundary
layer development with accounting for trailing-edge thickness; a shock loss prediction based on a simplified shock-
wave model; and a one- or two-element loss increment prediction accounting for entropy production due to secondary
flows.

Representative types of profile loss correlation for compressors are those based on an "equivalent" D-parameter
such as the initial Deq of Lieblein (1959) as shown in Fig. 9, where a trailing-edge momentum thickness parameter is
plotted as a function of Deq where Deq is proportional to a blade suction surface velocity diffusion ratio Vrna,SS!V2.
This correlation parameter concept, again initially developed for a data base consisting of a limited range of subsonic,
two-dimensional cascade experiments, has subsequently been revised and its application extended to a wide range of
compressor row geometries and flow conditions. Presently a variety of parameters called Deq exist, among which the
Koch and Smith (1976) variant may be the most widely used.

For turbines, there are also a number ofblade-surface velocity diffusion parameters now in use that frequently
derive from the data correlation proposed by Stewart, Whitney, and Wong (1960).

Shock loss modeling for compressors has developed from the simple normal shock model of Miller, Lewis, and

Hartmann (1961) to more advanced models accounting for the three-dimensional nature of the wave pattern such as
the method of Wennerstrom and Puterbaugh (1984).

The secondary loss correlation scene for both compressors and turbines in quasi-three-dimensional
design/analysis can only be presented by indicating the variety of approaches described in the reference list.

Performance prediction by flow field computation for both compressor and turbine linear cascade geometries has
become a reality during the last ten years, after a long period of advertised solutions having no useful results. In the
compressor case the successive papers of Calvert (e.g., 1982 and 1983) show the nature of recent results. Similarly for
the turbine case several groups have shown substantial results. In both the compressor and turbine computations, it
should be understood that only linear cascade cases have been published, with consequent limitation to predicting
"equivalent" cascade turning and loss.

A major contribution to blade-to-blade computation improvement has come from realistic boundary layer
development prediction. Figure 10 is a "flow chart" for two-dimensional boundary layer development, and it is now
understood that all of the eccentricities of the developing layer can and do occur in compressor and turbine blade rows.
Simple models of characteristics such as transition length (Roberts 1975), as well as detailed in-row measurements
(Hourmouziadis et a]. 1987), have become extremely important in recent improvements in loss and turning prediction.

As shown in Fig. 7, all modern hub-to-tip surface flow field computation codes include computing stations
between the blade row leading and trailing edges. At each of these locations there must be an input of a
circumferential-average relative flow angle and an entropy value. Until recently these inputs were based on
arbitrarily assumed distribution functions between the leading- and trailing-edge stations for each stream surface.
The generation of in-row data by laser anemometry and to a limited extent by computation has now changed
distributed-deviation and distributed-loss prediction to a more rational basis.

Three-Dimensional Throughflow Analysis

In the past decade, understandable and computationally attractive three-dimensional flow analysis codes have
become a genuine contributing factor to compressor and turbine development. In AGARD Lecture Series 140 a
number of survoy papers showed the status of this subject in 1985 and more recent referenced publications show
continued progress. Certainly, qualitative features of both compressor and turbine flows as shown in Figs. 1 and 2
have been duplicated by three-dimensional computation.

Classification of References

Preliminary Design

Development and selection of aerodynamic limits for design:

Carchedi and Wood 1982 Lieblein, Schwenk, and Broderick 1953
deHaller 1953 Schaffler 1980
Diakunchak et al. 1985 Schweitser and Garberoglio 1984
Gostelow (1984) Wilson 1987
Koch 1981 Zweifel 1946
Koch and Smith 1976

One-dimensional performance prediction and related correlations:

Casey 1987 Horlock and Lakshminarayana 1973
Craig and Cox 1970-71 Kacker and Okapuu 1982
Dunham 1970 Lakshminarayana and Horlock 1963
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Farokhi 1988 Peacock 1983
Grieb et al. 1975 Wilson 1984
Horlock 1960

Quasi-Three-Dimensional, Throughflow Design Analysis:

Design/Analysis by quasi-three-dimensional codes-application

Boyle, Haas, and Katsanis 1985 Horlock 1971
Calvert, Ginder, and Lewis 1987 Moustapha et al. 1987
Cetin et al. 1987 NATO/AGARD 1981
Crouse 1974 Stow 1985
Dunker et al. 1984 Sullery and Kumar 1984
Ginder and Calvert 1987 Wennerstrom 1984
Grah11977

Correlation development and related experiments-profile and shock loss models-turning

Citavy 1987 Miller and Wasdell 1987
Denton 1973 Miller, Lewis, and Hartmann 1961
Denton, Cumpsty 1987 Papaliou 1975
Dunker 1987 Prince 1980
Howell 1964 Schreiber 1987
Klein 1977 Serovy 1978
Lichtfuss and Starken 1974 Traupel 1973
Lieblein 1959 Wennerstrom and Puterbaugh 1984
Lieblein 1960 Xu and Denton 1988
Lieblein 1965

Blade profile improvement

Behike 1986 Kiock et al. 1986
Hobbs and Weingold 1984 Serovy and Okiishi 1988
Huffman and Trarnm 1974

Allowances for three-dimensional effects

Adkins and Smith 1982 Robbins et al. 1965
Bardon, Moffat, and Randall 1975 Roberts, Serovy, and Sandercock 1986
Gregory-Smith 1982 Roberts, Serovy, and Sandercock 1988
Papailiou et al. 1977 Smith 1970

Prediction by blade-to-blade computation-boundary layer methods and data

Bradshaw 1974 Hourmouziadis et al. 1987
Calvert 1982 Roberts 1975
Calvert 1983 Sanger and Shreeve 1986
Davis, Hobbs, and Weingold 1988 Stewart 1955
Hansen, Serovy, and Sockol 1980 Stewart, Whitney, and Wong 1960
Hoheisel et al. 1987 Stow 1985a
Hoheisel and Seyb 1987

Three-dimensional, throughfnow analysis-experiments on secondary flow effects

Breugelmans et al. 1984 Pouagare and Delaney 1986
Denton 1985 Povinelli 1985
Dong, Gallimore, and Hodson 1987 Sharma and Graziani 1983
Gallimore and Cumpsty 1986 Sharma and Butler 1987
Gallimore 1986 Sieverding 1985
Karadimas 1988 Sieverding 1985a
Lakshminarayana et al. 1988 Sieverding 1985b
McNally and Sockol 1985 Smith and Yeh 1963
Northall et al. 1987 Wisler 1985
Peacock 1983 Wisler, Bauer, and Okiishi 1987

CONCLUSIONS

This lecture makes the following major points:

1. Performance prediction is defined here as the estimation of turning and entropy production (loss) due to
blade row flow fields, selection of incidence angle, and estimation of choking and stall margins.



2. Many sources of loss and turning rate variation are three-dimensional in nature and cannot be related to the
"equivalent linear cascade" cutby a stream surface approximation predicted in a quaai-throee-dimensional
throughflow solution.

3. Even though point (2) is true, there is still value in many old as well as contemporary performance prediction
techniques as utilized in all levels of a typical compressor or turbine design system. Data correlations and
the experimental support for them should continue to be an important element of research and development
programs.

LIST OF FIGURES

Fig. I. Compressor blade row flow field characteristics (NASA-Lewis Research Center).

Fig. 2. Turbine blade row flow field characteristics (NASA-Lewis Research Center).

Fig. 3a. Definition of annular cascade arrangement.

Fig. 3b. Definition of linear cascade arrangement.

Fig. 4. Typical blade section profile terminology.

Fig. 5. Typical linear cascade terminology.

Fig. 6. Structure of a design system for axial-flow turbomachines.

Fig. 7. Hub-to-tip computation results for a quasi-three-dimensional design/analysis method showing typical
computing stations.

Fig. 8. Definition of the linear cascade projection for a computed stream surface approximation (from Starken.
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Summary

In this paper the subject of computer aided turbomachinery blade design is discussed with the
emphasis on the mathematical models that are needed in order to account for the important physical
phenomena. The various aspects of a typical blade design system are presented covering through-flow
and blade-to-blade analysis.

The through-flow discussion covers aspects such as linked through-flow-blade-to-blade analysis,
blade loss models, end-wall boundary layers, secondary flow analysis and spanwise mixing models.

Blade section design using mixed design and analysis eethods is covered together with loss prediction
using coupled inviscid boundary layer approaches. Limitations of the coupled approach are discussed to-
gether with the emerging role of Reynolds averaged Navier-Stokes methods aimed at removing these
limitations.

The need for fully ree-dimensional methods is covered together with their incorporation into
the design system.

Finally areas for future development and application are discussed.

1.0 Introduction

Turbomachinery blading components are designed with the aid of theoretical methods and computer
programs. If one is to have confidence in achieving design targets in practise using these methods then
it is essential that the mathematical model employed adequately describes the physical processes involved.

However, the flow in a turbomachine is very complex. There are rotating and non-rotating components.
The blade geometries are three-dimensional with the sectional geometry and blade stagger varying from hub
to tip. There are boundary layers on the annulus walls and blade surfaces, wakes from the trailing edges
of the blades, over-tip leakage flows etc. Consequently the flow is unsteady, three-dimensional and has
regions where viscous effects are important. The solution of the full equations of motion with the full
boundary conditions represents a formidable task from both a computational and modelling point of view.
As a consequence approximate models of the flow are adopted.

Many blade design systems are based on the work of Wu (1R52) using quasi-3D through-flow and blade-to-
blade programs, see Fig. 1. In this approach sections of a blade are designed on isolated axisymmetric
stream-surfaces using a blade-to-blade program with information from a through-flow program being used to
define the geometry of the stream-surfaces and the stream-tube height variation as well as to provide the
inlet and outlet flow conditions to be achieved. The different types of blade-to-blade methods available
will be discussed later together with models for loss analysis. Once the blade sections have been design-
ed they are stacked radially and circumferentially to produce a three-dimensional blade geometry taking
into account aerodynamic or mechanical constraints.

With such a design system and the models adopted there are a number of phenomena that cannot be
accounted for, for example stream-surface twisting, the three-dimensional nature of the blade surface
boundary layers, blade-annulus boundary layer interaction, blade over-tip leakage flows etc. In some
cases valuable information about the effects of features such as the annulus geometry and blade lean can
be assessed early in the design process using linked through-flow and blade-to-blade methods and this will
be discussed later. However, many of the flow features can only be analysed adequately using fully three-
dimensional methods; how such methods are linked to the traditional design system will be covered later.

Additional features not accounted for in the traditional blade design system are associated with the
unsteady nature of the flow e.g. the effects of incoming wakes, blade row interaction from upstream and
downstream blade rows etc. These effects can be important with regard to blade performance and blade row
stability and the development of models to include the main features will be discussed in later sections.

2.0 Through-Flow Analysis

In the through-flow calculation the flow through a number of stages is considered. The flow is taken
as steady in an absolute coordinate system for a non-rotating components and in a relative coordinate
system for a rotating component. As a consequence the detailed effects of blade wakes and unsteadiness
are ignored. The three-dimensional equations of motion are usually reduced to a two-dimensional form
either by assuming fully axisymmetric flow or by adopting a passage-averaging (or mean stream-sheet
approach). In the former only calculations outside the blade rows are performed and assumptions need to
be made as to how stream-surface properties needed in a blade-to-blade calculation vary through the blade

T- _ ;- --- , 1 -ique the equations within the blade row are integrated in the circum-
ferential direction to produce equations for averaged quantities; in this way the effects of the blade,
in terms of blockage, stack and boundary layer losses, on the through-flow can be accounted for.
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For steady flow in a relative co-ordinate system the three-dimensional momentum equations are

W.SW + 29AW - 'R = - - Vp + F (1)

where B is the relative velocity vector and I is the blade speed and F is a dissipative forc- introduced

to simulate losses through the blade row. The passage averaged formof the equation is

a a I a -
B- + - - ,F iF - P, (2)

ax R ?R ax B. 'x

3~ awR a

4 W R R (W R + F F -P()
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a x  
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+2
0
R )  

F B - P (4)
ax 3R R F B

where "-" denotes a passage averaged value and "-" denotes a density weighted passage average: F is the

blade force and P involves averages of product of perturbations from the means, see Jennions and Stow

(1984) for more details.

The continuity equation is

V.pW = 0 (5)

which after passage averaging becomes

+ 
(BRWR = 0 (6)

where

Nt
8 2. - R- (7)

where N is the number of blades and t is the blade thickness.

The above equations (2), (3), (4) and (6) together with an energy eque i-. -n be solved using a

number of techniques e.g. streamline curvature, matrix through-fow, time-marching or finite elements.

Figure 2 illustrates the information flow in such P quasi-3D through-flow system, see Jennions and
Stow (1984) and also Hirsch and Warzee (1978) for more details.

The stream-tube height and streamline radius variations through a blade row are affected by the blade

geometry, i.e. blockage, turning and stack, as well as the annulus shape and consequently account needs to

be taken of these. In the early stages of a design the effects are often included in an approximate
manner with the system depicted in Figure 2 being used in the later stages once blade profiles exist.

Fig. 3.1 shows results from the quasi-3D system developed by Jennions and Stow (1985) for the high pressure
turbine nozzle guide vane shown in Fig. 3.2. It can be seen that good agreement exists with the experi-

mental data. The linked analysis was inviscid with no account being taken of losses in either the through-
flow or the blade-to-blade calculation. Further results from the system are shown in Jennions and Stow

(1984) for a different stack of the blade sections in Fig. 3.2. It should be mentioned that the secondary

flow deviations, i.e. the flow over-turning and under-turning associated with passage vortices, are not pre-

dicted with such a coupled system unless some specific account is taken of the secondary flow; this will

be discussed later.

The coupled analysis discussed by Jennions and Stow has been extended to include various blade-to-

blade programs available so that analysis of fans and subsonic and transonic compressors and turbines is

possible. The fan analysis system follows closely that developed by Calvert and Cinder (1985) in which

blade profile, mixing and secondary losses are included.

In order to provide an adequate description of the real flow it is necessary to supplement the above
analysis using a number of models; these are discussed below.

2.1 Blade Loss Model

One commonly adopted procedure for accounting for viscous losses through a blade row is to include a

dissipative force F. in the equations of motion, as in equations (1), and relate this to entropy

production.

It can be shown that

tW.VS = W. VI - w.F (8)

where I is the rothalpy defined by

I = C t a, - R' RBP
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t being the static temperature. For adiabatic flow the energy equation is taken as

W.VI = 0 (9)

so that

W.F = -t W.VS

If in addition the dissipative force is taken to act in the streamline direction i.e.

F = F s (00)

then it follows that

FT t DSas

Assuming that perturbation terms are negligible this gives

P = -Z as (11)

from which the three components can be found for use in equations (2), (3) and (4).

The distribution of entropy through a blade can be obtained from a blade-to-blade analysis.
Alternatives are to use loss correlations or to use experimental dat e form of loss-incidence
curves for particular blade designs.

An alternative procedure for modelling the effects of the blade lo-_. is to use the blade surface
boundary layer displacement thicknesses in the form of a blockage in the through-flow calculation. For
example, equation (7) becomes

2. - N (t , 6- + 6-) (12)
R p

where 1 and 6" are the suction and pressure surface displacement thicknesses. In this way the effect
pof the wake development downstream of the blade trailing edge can be accounted for. Note, however, that

it will have to be assumed that the flow is circumferentially uniform by the leading edge of the following
blade row.

Even with the blade boundary layer blockage model it is usual to account for any additional end-wall
or secondary flow losses using the dissipative force model, see Calvert and Ginder (1985).

2.2 End-wall Boundary Layer

The usual manner in which the effects of the end-wall boundary layers are included is to calculate
the boundary layer development using an integral method and represent the effects using a displacement
model. In this the annulus is altered by the displacement thickness of the boundary layer and the
inviscid flow calculated within the modified geomet'y.

The governing passage-averaged equations can be derived in a manner similar to that in Section 2.1.
The boundary layer equations are first written in terms of a local meridional streamline co-ordinate
system with the usual boundary layer assumptions that only gradients normal to the meridional direction
are retained in the viscous terms. The equations can then be passage averaged by integrating from one
blade to the next (skin friction effects on the blade surfaces being ignored). For example the momentum
integral equations become

B 1I d [BR b pe eomm ] + P Q e '.* dq m e

1b d. dmB% BP~e~m e~~,d

sin (13)

R Q ) = Fm +(Te)W Pm-P -b 
(  

+qe Q

dW9 e
1 d Qdg gi8dm 

1 ~b~ee9~ is vre de
BRb dm

sin Ab (14)

+e e (
0
e m + m 6 - F@ + (,I)W + P

Rb Q e9 e .. 6

where m is the meridional co-ordinate see Fig. 4 Rb is the radius of the annulus, B is given by equation
(7), Fm and F@ are the components of the blade force defect and represent integrals through the boundary
layer of differences of the blade force from the value at the edge of the bound&-y layer; 

T
w is the -,all

shear stress, Pm and PO represent perturbation terms, Q is the absolute velocity given by

q' + q'

W is the relative velocity and the subscript e denotes quantities at the edge of the boundary layer; it
should be noted that the "-" notation has been dropped in the above equation. Appendix A gives the
definitions of the momentum and displacement thicknesses.
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The entrainment equation becomes

d LBRboe(qm  lQe6e)] = BRbPeQeCE  (15)

It can be seen that in cases where the effects of the hade angle A can be ignored the two momentum integral

equations become uncoupled. If in addition the effects of averages of products of perturbations are

ignored i.e. P. = 0 = P(, and the blade force is taken as constant through the boundary layer

i.e. Fm = 0 = F., then particularly simple forms result. For example equation (13) becomes

1- dqe

1d eeA mJ + PaQ * dm = (T) w  
(16)

see March and Horlock 0972). This equation can be solved together with the entrainment equation (15)
assuming the usual two-dimensional boundary layer correlations to apply in the streamwise direction.

More sophisticated treatments including the effects of the blade force defect and cross-flows in the

boundary layers are given for example by De Ruyck and Hirsch (1980) and De Ruyck, Hirsch and Kool (1979);
see also Le Boeuf (1984).

2.3 Mixing Models

The effects of the mixing of various leakage flows, e.g. disc leakage, over-tip leakage, and of
various ejected cooling flows needs to be taken into account in the through-flow analysis. As well as
being a source of loss they can also affect the distribution of flow quantities, e.g. total temperature,
pressure, whirl velocity, which are obviously important in determining the inlet flow conditions for
the following blade rew.

One approximate manner of accounting for the effects is to perform a simple mixing calculation, for
example one-dimensional mixig in stream-tubes assuming the ejected flow, in terms of mass, momentum and
energy, to bedistributed radially between the stream-tubes. So for example the distribution of ejected
mass flow may be taken as

m(R) = Mc.f(R)

where Mc is the total mass flow ejected, f(R) being a chosen distribution function with the constraint
that

2f R.f(R) dR = 1Rhub

The distribution function may be chosen using experimental information or using a more sophisticated

viscous calculation to analyse the configuration. In theory the model can also account for axial mixing

effects by making f a function of axial distance.

An alternative model to account for the effects of over-tip leakage is given by Adkins and Smith
(1981). In the case of an unshrouded blade they calculate secondary flow vorticity based on the model
of Lakshminarayen and Horlock (1965) and use this in a secondary flow calculations to determine secondary
flow velocities, see later.

2.a Secondary Flow Model

A quasi-three-dimensional blade design system assumes that stream-surfaces through a blade row are
axisymmetric. In addition in calculating blade profile losses it is assumed that the boundary layer
develops on the blade surface in a two-dimensional manner i.e. cross-flows in the boundary layer are
ignored. In practice the stream-surfaces twist as they pass through the blade row so that there is flow
through the blade-to-blade surfaces used, also boundary layers will be three-dimensional in nature. In
addition the annulus end-wall boundary layer will separate near the blade leading edge to produce a horse-
shoe vortex. The pressure side leg of this vortex tends to move across the passage and interact with the
suction side leg; the blade surface boundary layers are also affected by the end-wall interaction, the
extent being determined by the aspect ratio of the blade.

Secondary flow is a term often used to encompass all the three-dimensional effects mentioned which
are not included in a quasi-three-dimensional approach. These effects give rise to additional or seconoary
losses as well as affecting the distribution of parameters such as total pressure, whirl angle etc., at
exit to the blade row.

Secondary losses are usually accounted for in the through-flow analysis using a dissipative force
model together with correlations or experimental experience. One simple way of attempting to account for
the effects on the mean passage whirl angle is to use a distributed deviation cc the predicted blade-to-

blade flow. An alternative is to use inviscid secondary flow theory, see for example Lakshminarayan and
Horlock (1973), Came and Marsh (1974) and Smith (1974). In this the quasi-three-dimensional through-flow
is taken as the primary flow to convect inlet vorticity in the end-wall boundary layers giving rise to

streamwise vorticity at the exit to the blade row; the effects of the secondary flow on the primary flow
are assumed small. For example with the Came and Marsh theory the streamwise vorticity tsec at exit to
a blade row is given by

sec, [, -sL+i(sin2a-sin 2a,) ] (17)08"O 082 CO 0
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where C and C are the inlet streamwise and normal vorticities and a,, and a. are the inlet and exit
whirl angles. 'It should be noted that the above model is derived for incompressible flow in a linear
cascade, where the primary flow is irrotational, but can be extended, as can that of Smith, to include the
effects of compressibility, radius change and blade rotation, see James (1981).

Once the distribution of exit streaawise vorticity is known the secondary flow velocities can be
determined by solving the continuity equation in terms of a secondary flow stream-function. For example
for incompressible flow the stream-function * satisfies

a'z' Cz (18)

nT * Te' = tsec

see Fig. 5 for the co-ordinate system and Appendix B for details of the analysis.

The results produced from ineiscid secondary flow models are very dependent on the inlet conditions
assumed, especially the inlet streanwise vorticity. This is particularly important when considering
stage calculations as illustrated by the following example. The case considered is a compressor stage
described by Freeman and Dawson (1983) consisting of an inlet guide vane, rotor and stator all double
circular arc blades. Fig. 6 shows results for the inlet guide vane from James (1982) using a method
based on that of Came and Marsh. It can be seen that the radial distribution of the pitchwise mass
averaged whirl angle is well predicted. In this case the inlet boundary layer was taken as collateral.
We consider now predictions for the stator. It can be seen from Fig. 7 that even for the case of a
collateral hub boundary layer out of the upstream rotor the absolute inlet velocity will exhibit skew
because of the change from a rotating to a stationary hub. This gives rise to streamwise vorticity at
inlet to the stator; the effects of secondary flow in the upstream rotor will add to this effect. If
the streanwise vorticity is included in the analysis, as in equation (17), then it can be seen from
Fig. 8 that poor predictions result near the hub and tip where considerable underturning is predicted and
the sense of the inlet skew is maintained. The reason for this is the effects of viscosity. Consider-
ing again Fig. 7 it can be seen that since the velocity on the stationary hub is zero then intense shearing
will take place in the region near to the hub which will tend to unskew the inlet boundary layer reducing
the streamwise vorticity. Even if the skew is maintained up to the leading edge the process will continue
through the blade row assisted in the case of a compressor rotor by the blade force. Fig. 8 shows results
from the calculation where the inlet streamwise vorticity is suppressed. It can be seen that the trend
is now improved even though the level is wrong in the middle of the stator (it if felt that this is caused
either by errors in the experimental measurements or deviation that is not taken into account in the analysis).
Also shown in Fig. 8 are results assuming that the inle

t 
boundary layer is collateral in the stator frame,

the inlet skew being completely destroyed by viscosity. Again even though the overturning is exaggerated
and the mid-passage level is incorrect the trends are encouraging. The results shown and the mechanisms
described above have been substantiated by Birch (1984) using a three-dimensional viscous program for this
example. The conclusion is that care must be exercised in using inviscid secondary flow theory for stage
calculations. In fa.t this is true for any inviscid calculation where the effects of an inlet boundary
layer are being simL ated.

It is interesting to note that in the case of a turbine nozzle or rotor the effect of viscosity is
again to tend to destroy the inlet skew from an upstream blade row but now the effect of the blade force
is opposite to that of the compressor stator or rotor and tends to increase the skew. It is found that
the latter effect tends to dominate and as a consequence good predictions can be obtained using an
inviscid program, see for example the work ofBoletis, Sieverding and Van Hove (1983) and Birch (1983)
using three-dimensional programs. It should be mentioned that for a turbine the effects of the secondary
flow on the "primary" flow can be large and that because these are ignored in an inviscid secondary flow
analysis the results must be used with care (these effects are obviously included in a full three-
dimensional analysis).

The above discussion has concentrated on the analysis of blades. It is however, possible to use thc
approach in a design sense to calculate blade angles in the end-wall regions to reduce the effects of
boundary layer over-turning. As discussed earlier care isneeded in applying such an analysis to the flow
in a blade stage where the effects of viscosity between the blades becomes important in determining the
inlet vorticity to each blade row.

2.5 Spanwise Mixing Model

A spanwise mixing model is aimed at accounting for two effects,

i) turbulent diffusion in the radial direction not accounted for in a blade-to-blade analysis,

(ii) an inviscid secondary flow effect arising from the fact that in general there will be a
component of velocity normal to the axisymmetric blade-to-blade surfaces used in the design
of the blade sections.

Consider firstly the second effect mentioned above. It can be shown that the passage averaged energy
equation may be written as

af 1 a BR
mm N= -B -R cos X I

where m is the meridional direction along the axisymmetric blade-to-blade surface see Fig. 4 and V. is the
velocity normal to this surface. In the usual quasi-three-dimensional design system the blade-to-blade
surface is assumed to be a streamsurface and VZ is taken as zero, leading to the familiar energy equation.

In a similar manner it can be shown that the passage-averaged circumferential momentum equation
becomes
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m T 1 a BR 3 qJ -F B F (20)

It would be possible to determine Vt using an inviscid secondary flow analysis but it should be
noted that the distribution through a blade row is needed, at least in theory. An alternative approach

is given by James (1982) where it is shown that equation (19) may be written as

- ' 1 B, - a (21)

where c is related to the velocity normal to the blade-to-blade surface, being determined by the secondary
flow through the blade row.

It is possible to include the effects of turbulent diffusion in the above model by considering a to
be an effective diffusion coefficient. In order to determine this using experimental data a more

appropriate form is

at (22)

Adkins and Smith (1981) derive equation (22) using a Taylor expansion analysis based effectively on
tracing streamlines through the blade row taking into account secondary flow. They use diffusion equations
for total temperature, total pressure and Rq,, determining the mixing coefficients empirically to account
also for the effects of viscosity on the secondary flow and interaction with downstream blade rows. They
show that the model has a significant effect on predictions.

An alternative approach is due to Gallimore (1986a, 1986b). Suppose in equation (1) we express the
viscous force F, as

FT  F F(1) , F(2)
F1 =F

where with an effective turbulent viscosity model F
(I ) 

is composed of derivatives in a stream-surface and

F(2) of derivatives normal to the stream-surtace. We suppose that F(I can be determined either from a
blade-to-blade calculation, as indicated earlier, or from a prescribed loss model for example using cascade
loss correlations e.g.

F-
( )  

-t aS
(l )

-T T23

where S
(I ) 

is a prescribed entropy distribution. The second part of the viscous force F 2) is expressed
in terms of derivatives of velocity components, which for smalt hade only innvolves components in a stream-
surface.

Rothalpy is given by

I = 1
(
1
)  
. 1

(2 )  
(24)

where, consistent with equation (23),

8.VI = 0 (25)

and where, for small hade I
(2 ) 

satisfies
(2) = I a a- [ e(Wx  WA + WO R@

W'9I( = R 3 te ) + a- e a - )(26)

where, ke and pe represent effective turbulent conductivity and viscosity respectively. Passage
averaging has been dropped for the purposes of clarity.

Entropy is given by

S S
(I
) + S

(
2) (27)

where S
(
1
) 
is prescribed and S

(2 ) 
can be determined from

tW.VS(2) = W.91 - W.F(2) (28)

The similarity of equations (26) and(22) can be seen if we take an effective Prandtle number of unity.

The importance of including spanwise mixing effects in a through-flow calculation can be seen in
Fig. 9 taken from Gal!imore (1986a). Calculations have been performed for two 3-stage research
compressors differing only in aspect ratio; 3S1 had an aspect ratio of 0.81 while 3S2 had an aspect ratio
of 1.22. Design loss coefficients and flow angles were used together with measured inlet flow profiles.
Exit total temperature predictions with and without spanwise mixing are shown. It can be seen that
results using the spanwise mixing model agree closely with experiment while those without mixing show a
totally misleading total temperature distribution.
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3. Quasi-3D Blade-to-Blade Analysis

In the design process a through-flow analysis gives the necessary inlet and outlet flow condiLions
for each section of each blade row in order to achieve parameters such as stage or blade pressure ratio
or work output. This means that the desired lift of each blade section is known. The design freedom
lies with the lift distribution from blade leading to trailing edges which in turn determines the chara-
teristics of the blade surface boundary layers and the efficiency of the blade. It is important there-
fore that a designer has methods that enable him to determine the boundary layer characteristics and that
allow him to quickly analyse the effects of changes to his design variables.

3.1 Inviscid Analysis

Inviscid blade-to-blade methods generally fall into two categories, design and analysis. With the
former the desired blade surface velocity is prescribed and the method produces the blade geometry. With
the latter the blade geometry is prescribed and the method produces the blade surface velocity distribution.
A design method in many ways offers advantages from a pure aerodynamics point of view, where desirable
boundary layer development can be reflected in the velocity prescribed, whereas an analysis method is often
needed in order to satisfy mechanical or blade cooling constraints. A method with compatible mixed design
and analysis modes combines the best features of both and offers considerable advantages for practical
design. Such a method based on a finite element full velocity potential analysis is described by Cedar
and Stow (1985). In this the geometry can be prescribed over part of the blade, in which case the method
produces the surface velocity, and the velocity can be prescribed over the remainder, the method producing
the geometry. In the basic analysis mode the system of non-linear equations arising from the finite
element ,,ethod is solved using a Newton-Raphson procedure which ensures rapid convergence. Simple three
node triangular elements are adopted which means that the areas integrals involved and the Jacobian matrix
in the Newton-Raphson procedure can be calculated analytically.

In the design mode, changes to the blade shape are modelled using a surface transpiration technique
which avoids mesh re-construction each time the geometry changes in the iterative design procedure. The
transpiration mass flux is related to changes in the blade geometry in the same manner that a transpiration
boundary layer is modelled. This is easily included in the finite element method through the boundary
conditions. The surface transpiration mass flux is in turn related to desired changes in the blade
surface velocity using what is calld an influence matrix; this is determined efficiently using a slight
adaptation of the Newton-Raphson procedure. The iterative solution is fast to converge giving rise to a
very versatile iteractive design tool.

The way of using such a method is to start with an analysis of an initial blade geometry. Loss
producing features can be identified using a coupled boundary layer analysis. A velocity distribution
can then be prescribed, over part of the blade, aimed at improving boundary layer developmeht and the'
blade geometry determined. Fig. 10 from Cedar and Stow shows how the method has been used to re, we a
shock wave identified from an analysis of a blade whilst maintaining the same lift. Fig. 10.1 gives the
surface Mach number distribution for the original blade; it also shows the desired design distribution
which has been changed only over part of the suction surface. Fig. 10.2 shows the original and resulting
blade shapes. It can be imagined that to achieve this result using only an analysis type of approace

"

would have been difficult and time consuming.

A further application is shown in Fig. 11 to remove a Mach number over-speed around the leading edge
of a blade in order to improve the boundary layer behaviour at design and off-desivn conditions.

Similar mixed design and analysis modes can be added to other blade-to-blade methods, e.g. streamline
curvature, time-marching etc.

3.2 Boundary Layer Analysis

Some of the main physical features that need to be described by a boundary layer method are as
fol!ows,

(i) Laminar flow
(ii) Laminar separation and reattachment
(iii) Start and end of transition
(iv) Turbulent flow
(v) Turbulent separation

(vi) Re-laminarization

Boundary layer methods fall into two main categories, integral and finite diffeence approaches. In
the former, boundary layer parameters like momentum thickness 0 and displacemert thickness c- are determined
from ordinary differential equations formed by integrating the boundary layer equations throigh the boundary
layer. For example in the case of two-dimensional flow the momentum integral equation takes the form

ddu 5[7J, 1 u' )6E = w - (o")6  6" --S w S ds

where s is the distance along the blade surface, Tw is the skin friction and the subscript 6 refers to
conditions at the edge of the boundary layer.

The advantage with this approach is that the solutinn of the equatinns is fast and this means that
combined with an inviscid method that is itself fast an interactive viscous-inviscid design program ban be
produced. The integral equations, however, need t.n be supplemented by correlatiors from experiment for
quantities like skin-friction, form factor and features such as laminar separation and reattachment, the
start and end of transition, and re-laminarizatinn also need in be described in terms of correlations.
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With finite difference approaches the boundary layer equations are solved numerically. For example

the momentum equation for two-dimensional flow takes the form

Put (Ouv) = - as a0

where n is normal to the blade surface and u and v are the velocity components in the s and n directions
and T is the shear stress, As a consequence the solution time is longer than for integral methods,
dependent largely on thc accuracy of the procedures adopted. For turbulent flow the equations need to be
supplemented with a turbulence model which will rely heavily on experimental data. Laminar separation
usually involves adopting a "fix" of one sort or another in order to formally keep the method working but
as the boundary layer equations breakdown locally in the region of separation the results need to be used
witn caution. With many methods correlations are still needed for determining the start and end of
transition or re-laminarization. With methods adopting a turbulert kinetic energy equation then the
means exist for trying to describe these phenomena using a differential equation; this will be discussed
later.

3.3 Inviscid - Boundary Layer Coupling

There are three choices in deciding where to couple the solutions to the boundary layer and inviscid
msostream equations namely at the bou..dary layer edge, the edge of the boundary layer displacement thick-
iess or the blade surface, see Murman and Bussing (1983) for details.

In the main the effect of the boundary layer on the inviscid mainstream calculations is represented
either by a displacement effect or by transpiration. In the former the blade is thickened by the boundary
ayer displacement thickness and the inviscid flow calculated in the reduced passage area. This is
eqjivalent to coupling at the cdge of the displacement thickness. It is assumed in this model that
changes in the mainstream variables between the edge of the displacement thickness and edge of the boundary
layer are negligible. In the transpiration model transpiration through the blade surface of mass,
momentum and energy is used to simulate the effects of the boundary layer on the mainstream; this is
equivalent to coupling at tht blade surface. It is assumed that changes in the mainstream quantities
between the blade surfare and edge of the boundary layer are negligible. In the case of two dimensional
flow the transpiration velocity vo normal to the blade surface is given by

d
IP.)I = - [eilo ds

It can be shown from considerations or conservation of momentum and energy that the transpiration
.reamwise velocity u. should be the local inviscid velocity i.e.

0 -

and that the transpiration total enthalpy H, should aso be the local inviscid value i.e.

H
n 
=8HH H6

In practice only small differer-, will arise between the two main methods of coupling the equations
end the choice is governed mainly by features or properties of the inviscid method. For example, in the
case or a streamline curvature method a displecement model is used since the edge of the displacement
thickness now becomes the new effective bla', streamline. In a finite element approach where mesh genera-
tion is often quite expensive then a transpiration model is advisable, see Stow and Newman (1987). In
lime-marching methods, like that of Denton (19821, either approach can easily be used, see for example the
wrk of HaIler (1980) using a transpiration model and that of Calvert (1982, using a displacement model.

In addi
t
ion tr considering how to represent the effects of the boundary layer on the mainstream flow

one needs to conside, how the two calculations should be iteratively coupled. In some cases the effects
n o boundary layer (n the mainstream flow will be so small that useful boundary layer information can

be obtained from a single call - a bouncry layer routine after the inviscid calculation is convergd.
In general, however, the boundary layer wi!l have an effect on the inviscid flow in terms rc blockage,
deviation etc. tii the two calculations must be iteratively coupled together. The type of coupling i.
determined ia the main by the magnitude of the boundary layer effect, and different modes of coupling have
nee dnvelope( to cater for this.

1.i.1 Direc t Mide Coup!ing

In this case the efltets of the bondary layer on the inviscid mainstream are important but are still
se end order. Thc direc manner of coupling is illustrated in Fig. 12. In this case the boundary !ayer
equains are used in tie standard form. So for example the form of momentum integral equation used is

ij P h - lea) H. d

ann the enirao mon
* 
"qua

t 
ion is

dy [su = 'pu}
6 l E

The input to th' boundary layer ralcu!otion is th, inviocid velocity at the "effective' edge of the boundary
layer (wher; this is either the edge of the disptaement hi'kness for a displarement mode r the blade

surface §ort,- rnpiration model); the input to the nviscid calculation is the boundary layer dieplacce-
ment :iickness use to determine either a new offltiv. blade surface or to 'mutate transpiration
quantiti .
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Stow and Newman (1987) give details of the approach for the finite element method described in Cedar

and Stow using an integral boundary laye- method and surface transpiration model. The integral method

adopted handles laminar and turbulent flow with transition correlations based on the work of Abu Ghannam

and Shaw (1979) being used to predict the start and end transition and the starting conditions for

turbulent flow. Laminar separation bubbles are handled using correlations due to Roberts (1980). The

integral method is continued downstream of the trailing edge to calculate the wake development. A near

wake "jump" model, due to Newman (1986), is adopted in order to calculate starting conditions for the

wake calculation from those at the trailing edge. With this model the conservation equations are written

in a jump form enabling the effects of the trailing edge base pressure to be incorporated.

Fig. 13 shows predictions for a low pressure turbine blade tested in cascade by Hndssn (1984).

Fig.13. shows the mesh used with Fig. 132 indicating the aood agreement of rhe predicted blade surface

Mach number with experiment. Fig. 13.3 shows a comparison of the predicted and measured suction surface

boundary layer momentum and displacement thickness, it can be 3een that god agreement is found. In this

example the leading edge velocity over-speed creates a laminar separation bubble with almost immediate re-

laminarisation after re-attachment and later natural transition towards the blade trailing edge.

It is found that in many cases the trailing edge base pressure can have an important influence on the

predicted loss and should be included in any calculation. Fig. 14 shows the effect for typical turbine
and compressor blades; the effect is much larger for the turbine blade because of the larger value of the

blade trailing edge thickness to boundary layer momentum thickness. Currently the base pressure must be

supplied by a designer or a correlation used.

3.3.2 Inverse Mode Coupling

Inverse mode coupling needs to be adopted in cases where the effects of the boundary layer on the
inviscid calculation are not second order. If direct mode coupling were used in such cases then either
the procedure would not converge or would require such heavy damping as to make convergence very slow.

Often "fixes" have to be adopted (for example by putting an upper limit on the form factor) in order to

avoid convergence problems; however, this means that the results are suspect and must be used with
caution. Typical examples are cases where shock boundary layer interaction is important or where large
turbulent separations occur. In such cases inverse mode coupling avoids the problems found with direct
coupling. In general inverse coupling is needed only in certain areas of the flow where strong inter-
actions occur, the direct mode of coupling being used elsewhere. There are a number of procedures that

can be used but common to these is the use of an inverse boundary layer approach. Although inverse
approaches in the main adopt integral boundary layer methods finite difference apprneoho can also be used,
see for example Drela and Thompkins (1983).

The input to the boundary layer routine is the boundary layer displacement thickness, the output
being the velocity at the edge of the boundary layer to achieve this. For example the entrainment

equation is used in the form

) due 1 d6

uds F,-(Fd.

together with the standard momentum integral equation

d du6
s [(so')9] = S - (PU)6 HO-s

and the usual correlations hold.

How this is used in the inviscid calculation depends on the details of the method and whether a design
mode exists. In the case where such a mode does exist then full inverse coupling can be used. Calvert
(1982) has developed such an approach based on the Denton inviscid time-marching method and an inverse
integral boundary layer based on the lag-entrainment method of East, Smith and Merryman (1976).

Le Balleur (1983) has proposed a semi-inverse approach. This uses the direct mode of the inviscld

calculation together with an inverse mode of the integral boundary layer in regions where separation is
expected, the direct mode being adopted elsewhere. A semi-inverse mode of coupling has been developed
for the finite element discussed earlier and is presented in Newman and Stow (1985). Fig. 15 shows the
coupling procedure adopted and indicates that a correction technique must be applied to the displacement
thickness to ensure that the velocity distributions from the inviscid and boundary layer calculations agree.

The inviscid influence matrix, mentioned earlier in connection with the design mode, is used in this
procedure. A similar boundary layer inflt nce matrix can be determined numerically by perturbing the

boundary layer equations and relating changes in velocity to those in displacement thickness. With the
semi-inverse approach described rapid convergence is found and the resulting program can be used in a

completely interactive manner. An alternative pointwise correction scheme due to Carter (1979) in which
corrections are based on differences in the inviscid and boundary layer velocities has also been used
successfully; howeve, convergence rates are heavily dependent on the relaxation factors used. Fig. 16

shows results for a compressor blade with a large suction surface diffusion; it can be seen that the
predictions of the suction surface boundary layer paramters are in good agreement 0ith experiment. The

main limitations with such an approach lie not with problems in the coupling procedure but w'ih limitationo

of the boundary layer method in handling flows with large turbulent separations. Evidence if this is

apparent in the predictions shown in Fig. 16.3 where the rate of growth of the turbulent boundary layer is
under predicted. A similar level of agreement is shown by Calvert (1982) using the same basic boundary

).yer method.
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3.4 Reynolds Averaged Navier-Stokes Methods

The main reasons for interest in 2D flow in using a Reynolds averaged Navier-Stokes method are for
the prediction of off-design losses, where laminar separation bubbles may occur near the leading edge and
in some cases fairly extensive turbulent separation towards the trailing edge, and for the predi, tion of
trailing edge base flow mixing losses. These are two areas where a coupled inviscid boundary layer
approach has limitations.

Shortcomings in the prediction of the rate of growth of a turbulent boundary layer in a strong
adverse pressure gradient have already been seen in Fig. 16.3. Shortcomings in the prediction of losses
due to laminar separation bubbles can be seen in Fig. 17 showing loss against incidence for a , id
diffusion compressor blade shown in Fig. 18; details of the blade and test results are given in Sanger
and Shreeve (1986). Shown in Fig. 17 ar. results from Walker (1987) using the finite eleent coupled
boundary layer analysis discussed earlier. It car, be seen that near design incidence a good predicti:o
is produced but that this becomes progressively worse as the incidence increases both positively and
negatively. The shortcomings are due to limitations in the correlations for laminar separation bubbles.
With this blade, even at design conditions, leading edge separation bubbles exist on both surfaces. As
the incidence increases positively the extent of laminar separation and associated losses increases on the
suction surface with the pressure surface bubble disappearing. As toe incidence increases negatively a
similar situation occurs but this time on the pressure surface. With the correlations employed a burst
separation bubble is predicted on at least one surface at all operating conditions. In the model employed
immediate reattachment as a turbulent boundary layer is taken which means that transition is effectively
anchored to the position of the leading edge velocity spike. As a consequence the losses associated with
the bubble are not seen. It should be mentioned that in the case of a blade designed to avoid leading
edge velocity spikes at design conditions, the limitations of the correlations would not occur until larger
off-design incidences than seen in this example. Also shown in the figure are results from Ho (1988a)
using a Navier-Stokes analysis which will be discussed later.

There are two main approaches being developed to solve the Reynolds averaged Navier-Stokes equations,
pressure-correction techniques and time-marching techniques.

The pressure-correction method is based on the work of Caretto et al. (1972) and Patankar and
Spalding (1972). With this technique an iterative linearization of the momentum and energy equations is
adopted which effectively uncouples the equations and allows an implicit formulation to be adopted in order
to determine the velocity components and total enthalpy; the pressure is determined from the continuity
equation using abbreviated forms of the momentum equations. Turbomachinery applications of the method
have been pursued by Hah (1983) and Moore and Moore (1984), especially for three-dimensional flow.

With the time-marching approach the unsteady form of the equations of motion are solved together
usually with a steady form of the turbulence model. Both cell centred schemes, attributed to Jameson et
al (1981), and cell node based scheme, attributed to Ni (1982) are under development; see Dawes (1986)
and Norton et al (1984) for more details on the cell centred approach and Carrahar and Kingston (1986) and
Davis et al (1980) on the cell node based approach. In addition various time-marching strategies for
advancing the solution in time are available, fo. example a fully coupled implicit scheme in two-dimensions
see Dawes and Norton et al, and explicit multi-step Runge-Kutta and two-step Ni-type Lax-Wendroff schemes
in two and three-dimensions. With explicit methods the theoretical stability limit means that small time
steps are needed in the viscous regions especially if fine grids are adopted. With implicit methods no
such restriction exists and the time step can be chosen to achieve maximum convergence rate. In the
approach implicit correction techniques are adopted to solve the fully coupled finite difference equations,
very similar to a Newton-Raphson technique. Block matrix equations result from thebasic formulation which
can be fairly expensive to invert. Differential operator splitting techniques have been developed to
some extent to reduce computational times, see for example Dawes (1984) and Chaussee and Pulliam (1981).
In an attempt to improve convergence times of explicit schemes semi-implicit techniques have been developed
where the basic uncoupled equations arising from the explicit approach are solved in an implicit manner;
see for example Dawes (1986) where a pre-conditioning matrix is applied to each equation to improve coupling
between corrections at grid nodes.

Grid systems with the various codes range from a simple H-grid to more elaborate embedded O-C-H grids,
see Fig. 18, designed to give good spatial resolution around the leading and trailing edges of the blade.

Currently only relatively simple turbulence models are adopted, for example a Baldwin-Lomax or Cebeci-
Smith mixing length model or one-equation kinetic energy-mixing length model, see for example Birch (1987).
Transition is usually modelled using an intermittency function with various options for determining the
region over which it is applied. One option is to specify the start and end of transition. An alter-
native is to predict the start and end using either a correlation, as discussed earlier in the integral
boundary layer approach, or a kinetic energy model, see for example, Birch (1987) showing the relative
performance of the two approathes for predicting turbine blade surface heat transfer.

The usual transition correlations account for the major effects of free stream turbulence and
pressure gradient, and are reasonably adequate in determining natural transition. There are, however,
shortcomings for large adverse pressure gradients and as one moves towards laminar separation promoted
transition associated with off-design operation. Good results have been found using the kinetic energy
model over a range of operating conditions. Fig. 17 shows results from Hb (1988a) using this rodel in
an explicit cell centred time-marching scheme for the blade shown in Fig. 18; the grid system and number
of points used can be seen from the figure. The result at near design incidence indicates tat the model
is probably slightly too sensitive to the small leading edge velocity spike that occurs. However it can
be seen that it is able to predict the additional losses associated with the laminar separation bubble at
off-design incidences reasonably well.

Further results from the code and model from Ho (1988) are given in Figs. 16.2 and 16.3 where it can
be seen that there is closer agreement with experiment than with the coupled boundary layer approach.
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Fig. 19 gives results for a case where the incidence has been increased. It can be seen that the model

agrees quite well with experiment; the coupled boundary layer approach performs poorly in this case.

Transition and turbulence modelling are important in determining the quality of profile loss prediction

i.e. loss up to the blade trailing edge. Modelling of the trailing edge base flow region is important in

determining the quality of the overall loss including the base pressure and mixing effects. In many cases
it is found that the flow in the trailing edge region is unsteady. Using a constant time-step in an

implicit method discussed earlier it has been found that very realistic results can be produced in terms

of the unsteady periodic flow structure around and downstream of the trailing edge and that the

shedding frequency agrees closely with that expected, see for example Stow, Northall and Birch (1987).

However this is a costly proccdure to adopt specially in three-dimensiohal flow and especially with

conditionally stable explicit time-marching methods. In addition it is the mean flow effects, loss etc.,

that are of main interest, at least at this stage. As a consequence mechanisms for producing the mean
flow effects are being c isidered. It has been found that the unstepdy nature of the trailing edge flow

can be suppressed by adding smoothing or numerical viscous effects in that region. Care must be taken,
however, so as not to generate significant spurious loss using such a technique. Fig. 20 from Connell

(1985) show predictions from an explicit cell centred time-marching code described by Norton et al for

HP turbine blade tested in ca-cade by Nicholson et a! (1982). About 7,000 points were used with the

start and end of transition specified. It can be seen that there isgood agreement in the overall mixec
nut loss. Also shown in the figure is the predicted profile loss indicating the importance of the

trailing edge region, at least near sonic conditions, in determining the overall loss characteristics.

It should be mentioned that a similar level of agreement is found using the coupled inviscid-

boundary layer technique if the measured base pressure is input into the mixing loss calculation. The

difference with the Navier-Itokes approach is that no such input data is required.

Further studies have been coopleted on the effects of trailing edge thicknese on the overall loss
indicating that the approach adopted agrees very we!! with the experimental findings in both magnitude

and trends, see Fig. 21, from Stafford and Birch (1987).

It is clear from the developments and applications being undertaken that Reynolds averaged Navier-
Stokes methods offer great promise in terms of loss and heat transfer prediction, understanding of flow
phenomena and modelling opportunities. The methods are, however, much slower than current design methods
adopting coupled techniques and consequently tend to be used more as research tools, at least in two-
dimension, the situation being different in three-dimensional analysis. It is clear, however, that
future developments in solution algorithms, convergence techniques and the application of super-computers
will reduce elapsed time sufficiently to ensure more widespread application within design systems.

4. Three-Dimensional Analysis

As already discussed above, in the Quasi-3D design system blade sections are designed on isolated
axisymmetrical stream-surfaces. In reality the stream-surfaces will twist under the influence of stream-
wise vorticity, from upstream blade rows or created within the blade row, and the blade force etc.; this
means that there will be flow through the surfaces used for designing. In addition, in the blade-to-
blade boundary layer analysis adopted the effects of cross-flows normal to the stream-surface are assumed
.mall and ignored; in some cases, however, they may be significant e.g. near the tips of rotors. A
further complication comes from the blade-annulus interaction where the annulus boundary layer separates
ahead of the blade to form a horse-shoe vortex which affects the development of the blade boundary layers
through the blade passage. In order to account for these effects a three-dimensional analysis system is
needed. Fig. 22 shows the elements of such a system and how it links to the conventional quasi-3D design
system. Also indicated are the routes back into the conventional system to allow changus to the blade
sections or to the blade stack after a three-dimensional analysis.

In general in a three-dimensional analysis one is interested in studying the effects of changes in
design parameters, e.g. blade stack, annulus curvature, on the secondary flows and secondary losses of a
blade row. However, very useful information can often be obtained using an inviscid analysis in which
the effects of the annulus boundary layers are accounted for only at inlet to the blade row. In such an
approach the inlet boundary layer is modelled by adopting an approximate inlet total pressure profile
which gives rise to low momentum fluid but still has some slip rclocity it the wall. The low momentum
fluid is then acted on by the blade force within the blade row giving rise to secondary flows at the
exit. The effects of numerical viscosity are to accelerate the inlet low momentum fluid and consequently

these must be controlled by the using a refined grid near the end wall and avoidance of excessive smoothing.
It is found that good predictions of secondary flow angles can result from the procedure at least for
isolated blade rows.

Care is needed, however, in applying such a technique to stage calculations where 4
'  

t of each
blade row is to produce a skewed inlet end-wall boundary layer to the following row. .ssed earlier
the effects of viscosity are very important in determining the development of the -t boundary
layer. In a compressor the blade force and viscosity tend to have opposite effects on -e skew in the
boundary layer and large errors can arise in the prediction of the secondary flow using a purely inviscid
analysis due to neglecting the action of viscosity on the skew. In turbines the blade force and
viscosity tend to act in the same manner on the skew ii the boundary layer and he effects of ignoring
viscous action is less dramatic than in a compressor. Although some compensation for (he effects of'
viscosity can be made in ither case, the situation is unsatisfactory and indicates that a viscous
analysis should be adopted.

The situation with regard to the development of methods for the solution of the Reynolds averaged
Navler-Stokes equation in 3D is basically as described earlier in 2D, with pressure-correction and time-
marching techniques being developed, with the 2D methods and developments leading naturally into 31.
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With the time-marching technique, as discussed earlier, cell centre based and cell node based schemem
are being applied and further developed. In general explicit multi-step Runge-Kutta and two-step Lax
Wendroff time-marching approaches are adopted with semi-imp!icit smoothing or coupling schemes being
adopted in some cases in an attempt to improve convergence rates. With the pressure-correction technique
two basic approaches are available a semi-elliptic space-marching technique, see for example Moore and
Moore (1981), and a fully elliptic technique, see Moore and Moore (1985) and Hah (1983). The space-
marching technique is ideally suited to flows where separation does not occur in the streamwise marching
direction; separations in planes normal to this direction can be handled. This means that secondary
flows found in ducts, exhausts etc. are well modelled with the technique. When applied to blade rows the
effects of separations near the leading edge, due to the end-wall horse-shoe vortex, or reversed flows
near blade trailing edges are handled only in an approximate manner; even so valuable information on
secondary flows is still produced. In order to remove these limitations fully elliptic procedures have
been developen capable of handling the flow separations that are found at the leading and trailing edges
of blades and over the tip of rotating blades.

5. Future Developments

The work described above has tended to concentrate on areas where capabilities have been developed
and have been evaluated. At this stage it would be useful to discuss briefly areas where further
development is under-way or is needed in the future and to indicate the mathematical and numerical
modelling problems to be addressed.

In 2D and 3D steady blade-to-blade flow analysis extensions to both turbulence and transition models
adopted in Navier-Stokes methods are required in order to handle both attached and separated flows
associated with design and off-design behaviour. For example any transition model needs to be able to
handle natural transition, laminar separation promoted transition and transitional separation. It is
contemplated that in addition to extending exm cing simple models, higher order turbulence models, i.e.
algebraic and Reynolds stress models will be adopted; it will be important, however, to assess at each
stage what advances are being made in relation to the additional computational costs of the higher order
methods.

The work discussed so far has concentrated on steady flow analysis although unsteady analysis in
connection with flutter and forced response, i.e. incoming wake excitation, is undertaken routinely; for
example the full potential finite element program mentioned in Section 3 adopts a linearised unsteady
analysis for flutter. Development of other methods and techniques described earlier is already under-
way aimed at both linearized and full non-linear analysis of the unsteady flow associated with flutter and
blade row interaction. Single blade row analysis will be performed initially, with the inclusion of the
wake from the upstream blade row, but eventually full stage interaction is envisaged. see for example
Hodson (1974), Giles (1987, 1988), Rai (1987) and Rai and Madaran (1988). In considering unsta!led
flutter and forced response analysis, inviscid models are adequate, whereas for stalled flutter and blade
row interaction effects on blade loss and heat transfer characteristics, viscous models are needed. With
regard to the latter turbulence and transition models are needed to describe the major phenomena.
Initially quasi-steady models are envisaged but later models capable of describing the unsteady features
of the interaction will be needed.

As more is learned about blade interaction effects then the more one will start to design individual
blade rows or stages with the interaction taken into account. The subject presents particular
challenges in the areas of algorithm development, grid systems, turbulence and transition model
progress being dictated by physical understanding and by the speed of computers.
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APPENDIX A. Definitions of Momentum and Displacement Thicknesses

The momentum thickness in the meridional and circumferential directions are defined as

m = I Saoq(qm - q.) dira= ee 0 e

1 a

and the two coupled thickness as

= oqo(q. - qm) di

ee 0 e

gem = I -- r f 6Pq.(q~e qQ) dt

The displacement thicknesses are defined as

e = I e (e q. pq
m ) di

and

f7= Q~ (peqe pq,) dt

Pes o a'~ e~d

APPENDIX B Secondary Flow Stream-Function

For incompressible flow the continuity equation is

au au W

-s n z

where the co-ordinate system is shown in Fig. 5. It is usually assumed that

-0 (6.2)

so that from equation (B.) a strean-function 0 can be introduced such that

u
n  

- a W (b.3)iz I n

The secondary streamwise vorticity CSec is given by

aw utsec 
= 

an az (B.4

so that from equation (8.3) 41 satisfies.

an L1 ,-z sec

Knowing the distribution of , for example from equation (17), * can be determined and the

secondary velocitils found from equaion (B.3). The boundary conditions are

on the boundaries of the domain.

The above analysis can be extended to cylindrical polar co-ordinates and to include the

effects of compressibility.
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TRANSONIC AND SUPERSONIC COMPRESSOR BLADING DESIGN
Tntroduction by A. J. Wennerstrom, AFWAL/POTX, Wright-Patterson AFB, OH 45433, USA

This lecture concerns the design of axial compressor stages tor which the achiet.ent
of high performance is both critical from the standpoint of a theiic(dynamic cycle and
also difficult because of high aerodynamic loading, iach number, or both. *n aircraft
turbine engines, this would typically include the fan of a turbofan and the inlet staaes
of a turbojet. Hceevei, in principle, the methods could he applied to the design of any
critical turbomachine stage, even a hydraulic machine, although ir the latter case one
would have to introduce additional criteria to deal with such problems ac cavitation.
The type of method we are concerned with is often termed a "thrcugh-ble" design
procedure. It differs from an "across-blade" approach in that conditions are specified
and calculated at a series of computing stations between the leading ane trailing fedye of
each blade row as opposed to only at blade row edges. It can employ traditional
geometrically-defined airfoils, but will more commonly employ aitfoils of arbitrary
geometry.

This lecture presumes that a preliminary design of the compressor has already been
accomplished to the level of accuracy associated with across-blade design techniques.
Thus, at the point where the detail design method starts, we already have an aprroxsmate
definition of the flowpath, the loading of each stage, spanwise distributions of angular
momentum changes and losses, aspect ratios and solidity levels. All of these parameters
will typically undergo refinement during the detail design. In general, the flow rate
will have been specified at the outset based upon the cycle requirements, and a wheel
speed will normally have been chosen based upon structural considerations. -lhe wheel
speed of a high-bypass-ratio turbofan can also be limited by shock losses a:'sociated with
high tip Mach numbers.

The first subject covered will be the general methodology employed including the
computational framework. Next, the kinds of information derivcd from empiricism will be
discussed, followed by those areas where design guidance is lacking and one must resort
to logical assumptions. The foregoing can theoretically result in an infinite range of
solutions and so an optimization criteria is presented through which one strives to
obtain the one best solution. Three examples are shown covering the V ach number range of
about 0.7 to 1.6 to illustrate the success of the approach. Several other factors which
must be taken into account in a design ate mentioned. Also, several glaring weaknesses
in present design methods are identified. The lectuie concludes w¢ith some corments on
current design trends and computational coals.

General ?ethodo]ogy

The design computations will typically be performed assuming steccy flow and using an
axisyinmetric system of eguatioer. These are mathematically two-dimensional althcugh
their use is often termed a quasi-three-dimensional design approach. Variables in the
circumferential direction aie eliminated by either formulating the equations initial] in
axisymmetric form such as ifennerstrom (11 or by averaging circumferential variables such
as Smith [21 or Jennions and Stowe (3]. The presence of blades is represented in the
momentuin equation by distributed body forces which account for the fact that, if the
blade is not exactly radial, a radial component of force will be imposed on the fluid
related to the pressure differenice acioss a finite number of blades. Of course ti,e
largest part of the blade force is expended in changing the angular momentum of the fluid
and in sustaining the static pressure rise across eauh blade row. The presence of blades
is represented in the continuity equation by a blockage term which accounts for the areF
which the finite thickness of .blades will subtract from the annulus.

In principle, the system of equations can be solved with equal accuracy by streamline
curvature methods such as described by Novak (41 or by a matrix method such as described
by Marsh [5]. However, the streamline curvature method is the one most widely use,]
throughout the world because of the ease with which it accommodates the boundary
conditions on a series of axisymmetric streamsurfaces. With the streamline curvature
method, a fixed matrix of computing stations is defined which define the annulus and
blade row leading and trailing edges. A sufficient number of these are placed throughout
the annulus to ensure a reasonable definition of the streamsurface curvature. For a
through-blade computation, several are also included within the meridional extent of each
blade row. The computing stations may be curved or leaned to facilitate matching any
geometry. The axisymmetric streamsurface.; represent the second set of coordinates.
Except for the hub and tip streamsurfaces, strearcurfaces are free to float during the
course of the iterative solution such that continuity is preserved within each stream
tube. A schematic of this computational mesh is illustrated in Figure 1 with only a few
streamlines shown to retain clarity.

Equation (1) illustrates one way of presenting the sc-called radial equilibrium
equation of ttrbomachinery. This is derived from the Momentum Equation in intrinsic
cordinates, the Energy Equation for steady adiabatic flow, and an enthalpy-entropy
relation.

d V ......... + co.S..._.dH........ V, _

di m rc r dI m
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ignure 1. Typical Streamlin/Cnnu:t.inc-Statinn Mesh

;iith the stream-line curvature method, we would be solving for the meridional velocity Vm
-long each computing station, defined by the I direction. The terms not s.haded are thoe
of first order importance in influencing the meridional velocity profiie. These
comprise, from left to right, the streamline curvature term (rc is the radius of
curvature of the streansurface), the gradient of angular momentum, the enthalpy gradient,
And the entropy gradient. The angle p is a measure of the non-orthogonality of a
computing station and a streamsurface at each mesh point. Thus, where streamsurfaces and
computing stations are nearly othegonal, terms multiplied by sinp beco:e vanishingly
snall. Of the shaded terms, the first is sensitive to the meridicnal acceleration if the
fluid, the second takes into aec' nt the meridional component of the blade force, and the
thiro and most important one takes into account the force normal to the stredmsurface
c:aused by a no-radial blade surface.

"he equations are usually solved in one of two ways. The relative flow airgles may he
specified within bladed regions and the enthalpy and angular momentum changes throuoh
each blade row comprise a result. Alternatively, the enthalpy change may be defined
through rotors, and the angular mooentum change through stators, and the relative flow
a ngles t-omlprise part of the results. i one wishes to analyze .. n existing reometr"l, the
first approach ith relative flow angles specified is the most logical choice. Sore
designs 1ave also been created in' this fashion where it w:as desiree to nse airuse :s ct
tome preraribed geometlric family such as multiple circular arcs. In this instarce, one

mo uld assume a ceometry based upon the prelimi nary design, analyze the flow through it,
and they proceed to revise the geome try in a ser s of iterations until some optimiration
rjial was achi-"'eo. However, this is ein extremely laborious approach to optkmizing !
r etign ana on e is viery lik ely to assume ;ome georetries for whi,'h the solution will lai'
tcmputa' :onally because of chokirg or exceni,:Jve spawise gradients ir some porareters.
Also, a further drawbaik of solving with relative flow angles specified is tht the.
solution has twe branches: a subsonic ard a supersciiic one just l ike emni -1errc ision!
flow; ir a duct. itern ieridioa] I ach numbers are relatimcvy hich, i.e. approaching 1.0,
many streamline cuvature 20d0s ray have difficulty ccvergirvi to et, corr,.c- solution,

V'I, for a valid geometry.

P much more straightforward approach which circumvents these difficulties is the
second method wherein enthalpy or angular momntum changes are spe if ied and the relative
flow angles are computed. Not only does this produce a unique solution but it virtually
always produces some solution, given reasonably sensible input data, since it is rarely
affected by the types of numerical convergence difficulties associated with the other
method. In order to be able to exploit this solution, one must have the flexibility to
define airfoils of arbitrary geometry, compatible with the calculated relative ilow
angles. This is rapidly becoming the most popular method with which to design high
performance stages, although it is not really new. The first commercial fan designed
accordinlg to this approach was reported by Wright and Novak [6] in 1960.

In order to defJie airfoils from a matrix of relative flow angles defined over the
blade surface, one must either calculate or assume a deviation (or departuxe) angle
within the blade row which gives the difference between .he metal an~gle and the

circu, ferentially averaged relative flow angle. 'his will be discussed later. One also

needs to define a thickness distribution which will typically he selected on the basis "f
structural and aerodynamic considerations. Accepting these two as given for the moment,
the distributions of relative flow angle and deviation angle over the blade surface will
define the camber line metal angle at every mesh point. One way in which the geometry
can be defined is as follows. If we define the metal angle distributJon on each
+reamsurface by its first derivative or tangeut, the values from leading to trailing

edge at each rtreamsurfacelcomputing station intersection point can be mathematically

spline fit. Since we now have an analytical description of the first derivative of the
camber line, a single integration serves to define the actual coordinates of the mean
line surface in cylindrtcal polar form. A thickness distribution can then be
symmetrically placed on this camber line. The actual design process involves many
iterations between aerodynamic calculation and blade design to insure that the metal

blockages of the final blade geometry are consistent with those used for the throughflow
computation. This is normally easily accomplished during the course of the iterations
required for dosion optimization. The optimization itself will also be discussed later.



Empirical Inputs

The traditional empirical inputs are the deviation angle, the losses related to
diffusion, and the blockage distribution associated with boundary layers and wakes.
These are listed in order of criticality in terms of how large an effect an error may
have on the end result. The deviation angles are still commonly predicted with some
version of the classic Carter's Rule, often with an "experience factor" added. This
experience factor has sometimes been predicted by an inviscid secondary flow computation
in leu of pure empiricism.

Mc .(0

CC

Figure 2. Deviation Angle Correlation

The parameterb employed in Carter's P ule are illustrated in Figure 2. The deviation
angle, b , is proportior,al to a constant, mc, (which is itself a function of the blade
stanger angle, ( ) times the camber angle, *, divided by the square root of solidity,O ,
(chord divided by spacing). The "experience factor" is x. The magnitude of deviation| angle will usually range from a low of 1.0 or 2.0 degrees for a nearly uncambered fan tip

to a high of possibly 12.0 or 13.0 degrees for a highly cambered hub influenced by a
f:,condary fow field.

Diffusion nesses are most commonly correlated in the Lieblein fashion of loss
perameter veisns diffusion factor, although the correlations are usually defined by more
recent data than used for Lieblein' original correlation of the 1950'r.
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Figure 3. Loss Parameter/Diffusion Factor Correlaticn

The Lieblein type of correlation in shown in Figure 3 where the loss parameter is
represented on the vertic.al axis and the diffuiron factor on the horizontal axis.
Different curves are often used as a function of spanwise position and also to reflect
:ifferences between rotors and stators. The variables represented in the loss parameter
ore:

w : relative total pressure loss coefficient

%P2)1deal -P 2
Po - 2

p - pi

02 - relative exit flow angle

a = solidity - chord/spacing



The relationship between the relative total pressure loss coefficient and the loss
parameter can be visualized as follows. Using the illustration of Figure 4,

f - C
Figure 4. keationsip

of Loss Parareter to Releive
Tctsl Pressure Loss C-lffirient

consier to be directly proportional to the ratio of wake thickness to staguered blade

spacing which we write.

S cosB
2

rr a civen cascade and level . diffusion, 0* is directly proportional to chord length.
-,so, assume that e* will increase in proportion to the loss paraoeter P.

Combinino the abo,, %o have

0. S cos8 2  t cosB 2
C C =

(The number 2 in the denominator of P is a residue of its original derivation from
incompressible turbulent boundary layer theory. It is obviously irrelevant to the
correlation.) In the expression for diffusion factor, subscripts I and 2 represent inlet
and exit conditions, W represents the relative velocity, V represents the swirl
component of relative velocity and the formulation shown includes the effect of radius
change. The magnitude of diffusion losses can range from relative total pressure loss
coefficients of only a few hundredths at low diffusion factors and low stagger angles to
values exceeding 0.1 at higher loadings and staggers. More elaborate, but still
empirical, correlations are also used, such as that of Koch and Smith f7). The Koch and
Smith model includes blade profile losses due to surface diffusion and trailing edge
thickness as well as losses due to end-wall boundary layers and clearances. Phen
part-span shrouds are employed, losses accounting for these should also be included.

I ounart d. C and' w:eio inck-age ore coretil o- -rcu ctt- rr the h- s. c: rc-thod.
clit ,r !at p,a - beunder; laer ther-' siich as .1r'll 18] or Stratford J9].

Cr,,r, -c thods r, 'tUfci,-t]r , uhnr it bLiec"mo- is CCflined thc
, i eo sxperientr under sin-', oircurs t.nos. i as in L- the

rd<r:r o' :: 1.0 or 2. rtcre t up t.-(a' If HOW,--', - , tI'y wi : tf ten I. t

.. io 12.0 perc!i.-- withir + riach ne ac i- o tir, l hI-r. A t,.- IN flr few my 'zageto C
a multi- tage ctprCC*o, a ropc teine pttrn is of rn uachied !uf. t- CC-onlr ;ic%.,
:xir _. "lis ay approach a p! c-to v r, stac - if about- - ,-rc nt r -c on or it - W et

,4'v-lop a cycc pattern, -o,ing i ricrs and Ca ic in stat( rc, in higi sractioi

t h-" ,-'- £

i4 thc l50's, the tarst rece'rch co-pr,sors opeat'no with ro-ci-c rolativt I ach
rumbers in excess of one were desioned and tc-steo. bhck w.aves were cxpectec, wc 'ere
induc e ccrved1 . Iti was soon dt-tnr-ino' 

t
at shock waves were r-:pu-r.siblte 7

o;ignificcr! racticon the lossos ,ncountrcci. This stirilated fr-rruiaticc !], !irf
(,enlv published snuck n ons r1ode] I-' 1!oller, Lewis, and Harticant in i9bi 'i3t. in
experir,nt it had teer: observed that, near peak efficuonce, the shock wave near t
-c-tr tip appered to be ,prtoximatex, lcrmal to the flow and sI ghtly d tnched f-nr te
Is ori ig enge. Ior purpo.er o the mociet, the shock war assured rto 1 perpe i Ocular t-
the camber linc at -he leadin) Oqe in the cascade plane. the upstrea Mach nunber wis
streus i to be the i,erage of the relative inlet Mach number at the, il-ading edece on trh
Pact number es J ]ri d to exist at the sucticn surface were the slck inter,ects it.
This latCtr FVaih number %.as obtai ned by assuaino that the fluid near the ,.cition sur-face
k.rocrgoe{ ii Prandtl-tIh{cr insentr.ic expansion through an, angle ,ui to the -ifference
between tl e relative inlet angle and the suction surface rieta] an1o] at the point oc

1I
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shock imping..evt. Note that, by averaging these two Mach numbers, the model takes Jrtc
account the effects of solidity, camber, and stagcr as well as fach number. igur
illistrates the assumed flow pattern.

Figure 5. Two-Dimensional
Shock Loss Model

The loss is precicted by the standard norrnl shock equation

ItJ~ 1M~~f - (2)

where

M. = (Mir 
+ 
M..)/

2  (3)

Mir = relative inlet Mach number

and Mss is found by expanding Mir throuqh the angle (1 - Oss) using the Prandti-K:eyer
relationr.

The above model results in the discontinuous onset of shock loss at the sonic radius.
In realit-, some degree of shock lrss will exist inboard of the sonic tadius at bigh
subsonic Mach numbers. A transition model was proposed by Creveling and Carmody in 1968
1111.

Mi r T (M + M(4)

where Mi is the Mach number resulting from a Prandtl-Msyer expansion from Mach 1.0
through an angle equal to the relative turning angle (P1 - i3ss) and Mlr is again the
relative inlet Mach number. This transition model is used in the region within which the
relative inlet Mach number is less than 1.0 but where the shock upstream Mach number
calculated according to Eq. (4) is greater than 1.0.

A more sophisticated model was proposed by Koch and Smith in 1976 [7]. They
hypothesized that shock losses arise from leading-edge bluntness effects and from the
blade passage shock structure. They suggest the following equation attributable to
Prince for the leading-edge bluntness loss.

hs In I - t /(bcos ) x 1l.28(M - i) + 0.96(M - 1)2where I' LE I-r1

S - entropy
R = the gas constant
tLE - leading edge thickness
b = tangential blade spacing

According to the authors, "this expression represents the trend of results from a
method-of-characteristics-type analysis of the leading-edge flow field. It includes the
loss due to local strengthening of the leading-edge shock that is contained within the
passage as well as from the shock structure which propogates upstream of the leading-edge
plane." For several experimental configurations examined, Eq. (5) predicted about
two-thirds of the measured efficiency loss. The second part of this model represents the
shock-related losses associated with the diffusion process. Koch and Smith assumed that
this loss was equivalent t the entropy rise of one oblique shock that reduces a
representative passage inlet Mach number to unity Mach number. This applies as long as
the relative exit Mach number is subsonic or sonic. When the exit Mach number is
supersonic, the oblique shock is sumed to reduce the Mach number to the relative exit
value. The representative pass;.. nlet 'ach number is assumed to be a weighted average
of the maximum suction surface I ,- number and the relative inlet Mach number. The
weighting factor selected to .,ve asonable agreement with limited high-speed
single-stage experience weight- .. Mach number estimated on the suction surface six
times as heavily as the relati fe nlpt Mach number. The normal shock model tends to be
adequate for fan - d compresear steg- iesigned for military engines where the loading
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levels are quite high. However, for lighter loading levels such as would be
characteristic of a commercial turbofan, the passage shock is swept back in the passage
and the Koch and Smith model world he likely to produce better results.

All of the above models are cascade-plane models; i.e. they are purely
two-dimensional. This has normally proven adequate for compressor blade rows Iaving

aspect ratios of 2.0 or greater and having conventional leading-edge shapes. This would
be representative of the vast majority of traysonic compressors designed until quite
recent times. However, in the mid-1970's seve-tl low-aspent.-iatio designs were evaluated
which developed remarkably good efficiencies. It was finally observed by Prirce (121
that spanwise obliquity of the shock surface might account for much of this improveient.

This can easily be visualized by referring tc Fig. 6.

DIRECTION OF ROTATION

SWEEP ANGLE 12_ot

Fiaure 6. Three-Diunsisnal Shoc Surface Geometry

Pictured is a rotor with an inlet hub-tip radius ratio of 0.31, a relative inlet flow

angle at the tip of about 60 degrees, and an average aspect ratio of 1.32. This war the.
specific geometry of one of the stages tested in the mid-1970's with better-than-expected
performance. Prince had further noted that, near peak efficiency, the passage shock still
appeared to be appro:jmately normal in the cascade plane. Thus, the shock surfc(
illustrated in Fig. 6 represents a normal shock on each strearsurface in the cascade
plane. (The fact that the shock vanishes near the hub has been ignored for purposes ci
this purely geometric illustration.) Note that, since the solidlity is hioh at the hub
and the stagger angle is low, the shock impinges near the leading cdoe of the suction
surface near the hub. In contrast, at the tip with a much lower solcdit, and a higher
stagger angle, the shock impinges much further aft on the suction surface. Thus, even if
the leading edge were a radial line, the shock surface where it impinges on the suctlion
surface could have significant spanwise swoop c)i obliquity just because of the efrif(.jl
twist and solidity variation. If the leading edge Las some sweep in addition, the
overall effect is exaggerated still further.

These observations led to the three-dimensieial shock lc;s model of llonnerstror and
nutorbaugh [13. For simplicity, it s:as patterned after the normal shock model of
tiller, Lewis, and Partmann, however, with appropriate correction for the spanwise
obliquity of the shock. 'The angle of the shock surface relative to the upstruar: Flow is
calculated at the leading edge and the sh(ck impingement point on each strearisurface
using Eq. (6).

A = cos
-
t fcosO cost sin(o-y) - sinA sine) ))

The variahls used in Eq. (6) are illustrated in Figs. 7 and P

r I SI

MERICIONAL STREAMLINE :F;,
r-COMPUTINO STATION -

AXIS OF ROTATION m -9

r-n-e system

m-n-O system relative to r-x system

Fioure 7. Meridinnal Plane Figure 8. Intrinsic Coordinates

The angle A, which is 90 degrees plus the sweep argle, is a function of streamsurface
slope,40, the bladc lean angle, C , the relative flew angle, 0 , and either the compting
station lean angle, y , at the leading edge or the impingement line lean angle on the
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suction surface. The blade lean angle used is that relative to the computing station at
the leading edge or the impingement line on the suction surface. Properties across the
shock are then calculated in the standard fashion for oblique shocks using the normal
shock relations and an upstream Mach number equal to

N- .siml (7)

uhere M is the approach Mach number at the point in question.

In addition to introducing shock obliquity, one more departure was made from the
Miller, Lewis, and Hartmann model. In the original model, the two Mach numbers obtained
on each streansurface were simply averaged according to Eq. (3) to obtain an upstream
shock Mach number for calculating the total pressure ratio. In the three-dimensional
model, the authors integrated the total pressure ratio from leading edge to suction
surface since the total pressure is not a linear function of either Mach number or
obliquity. The Mach number and the spanwise shock obliquity were assumed to vary
linearly from leading edge to suction surface. Then a three-point Simpson Rule
integration was used to define the shock total-pressure ratio on each strearsurface. The
effect or integrating along the surface is shown in Fig 9.

1 0 002

0o

25t 35- Ot. Is t.

AVG. sMPSONs RULE
Fiqtjre 9. Loss Error from Avera-ira

The three-point integration produces a more conservative result (i.e. a higher loss)
than the simple average. However, more than three points is not warranted in view of the
absolute accuracy of such a loss estimate. The transition region for high subsonic Mach
numbers was treated analogously. tc Eq. (4). Adjusted for sweep, this now becomes:

Ax IsI (N + Hi)

Within the transition region, a blade-to-blade aItogration was not performed. The
average (mid-passage) value of A was used in rq. (8). The magnitude of the changes ir
predicted quantities caused ly consideration of spanwise obliouity is shown in Tables 1
and 2 for the rotor illustrated in Fig 6. In column four of Table 1, the relative total
pressure loss coefficient attributable to the shock is shon for the Miller, Lewis, and
Hartmann two-dimensional model. Columns five and six show the magnitude cf the sweep
angler calculated at the leading edge and impingement line respectively. Co~leon seven
shows the loss coefficients as adjusted for spanwise shock obliquity.

Table 2 shows the difference in piedicted overall stage performance with roughly two
points in efficiency bf-inc attributzble to the ohliquity of the shock surface.

Table 1. Table 2.

Shock Loss Calculation Parameters Performance Comparison for Transonic Stage

z* -H NEW EXPER.
MODEL MODEL :ESULTS

TOA PRSSR 2.026 2.061 2405

1 0441587 00 306 4Q5 00 RAW
* 0.46 7.020 00 3201 0.0

* GA"64 7 .72006 21.10 =s0o =0001 5510RPIEFFkICY,= Saw 86.9 9.07 am
0 1.223 5.20 0043 1W14 21.9 0.024

1? 1444 2.71 94 1 214 3 0.073

MW SO -a?83 0100 12.04 24.0 0612

The whole idea of correcting for sweep or shock surface obliquity derives from
classic concepts derived for swept wings and oblique shocks. Namely, it is the component
of Mach number perpendicular to the shock surface which determines the static pressure
rise and total pressure loss. Consequently, the same concepts can readily be applied to



6-8

more sophisticated models such as that of Koch and Smith [7]. Also, although rotors will
typically experience the highest Mach numbers and therefore can best exploit shock
obliquity, the same principles can be applied to stators to alleviate locally high Mach
numbers at the hub. In [14], Wennerstrom has described a stage design in which the
stator leading edge was deliberately swept forward at the hub in order to reduce the
component of Mach number normal to the leading edge consistent with swept wing theory.
The concept is illustrated in Fig. 10.

SWEPT STATOR LEADING EDGE

M increasing

/, w

0Ce

M cos A 0.4
OX 0

MaA0 4t' ",

INCIDENCE
MA

OBLIQUE SHOCK/SWEPT WING THEORY CASCADE BEHAVIOR
Ficro 10. Philnsrinhy of 'he Swent Rotor

The design logic ran as follows. NACA data for subsonic cascades illustrated that
cascade incidence range increased in inverse proportion to Mach number down to
approximately M = 0.4. At lower Mach numbers, no further increase was observed.
Therefore, the stator leading edge sweep at the hub was set at an angle which resulted in
the Mach number component normal to the leading edge being approximately 0.4; the
absolute Mach number was approximately 2.02. The leading edge was then curved back
forward for two reasons. First, a leading edge intersecting a casing wall at an acute
angle is likely to be a high source of loss even at subsonic Mach numbers. Second, it
minimized the axial length of the stage while allowing adequate solidity to be maintained
at the stator tip. This expedient was completely successful in eliminating any
observable hub shock loss. A subsequent design which applied the same logic to a
different configuration has operated at hub Mach numbers as high as 1.2 without observable
shock losses.

Through-blade Assumptions

The area where the designer's intuition and judgement become most important concerns
the interior of the blade row in a through-blade design. The parameters which must be
distributed, listed in approximate order of importance, are departure angle, losses, and
blockage. We will use the term departure angle within a blade row to define the
difference between the circumferential average relative flow angle and the camber line
angle. However, recognize that this equals the incidence angle at the leading edge and
the deviation angle at the trailing edge. Very little data exists on the distribution of
these parameters within blade rows. What little does exist is generally derived from
laser velocimetry measurements, and this data is both incomplete and of debatable
accuracy for this purpose. Computational fluid dynamics, comprised of both
viscous-inviscid interaction methods and Reynolds averaged Navier-Stokes codes, shows
promise of providing this information in the not too distant future. However, most
through-blade designs done up to now depend on assumptions and these are what will be
discussed here.

The doprture angle is by far the most critical assumption. Small errors in angle at
hlob stagger angles, near a fan tip for example, can result in large variations. We have
approached this as follows. At the leading edge, the departure angle must equal the
incidence angle. At the trailing edge, it must equal the deviation angle. A third
boundary condition which can be imposed is that, in order to satisfy the Kutta condition
at the trailing edge, the rate of change of departure angle approaching the trailing edge
must be approximately the same as the rate of change of the camber-line angle in order to
unicad the airfoil. A fourth and final condition is that we know that the departure
angle within the fully covered portion of the blade passage, especially at higher
solicities, must be very small. In fact, for S-shaped blades typical of modern fan tips,
it can even be argued that the departure angle should be slightly negative in portions of
the passage. At this point, if one now thinks of a plot of departure angle versus
meridional distance from leading edge to trailing edge, we now have four boundary
conditions to define a curve: a level at the leading edge, a level at the trailing edge,
an approximate and very small level in the middle region of the passage, and a slope at
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the trailing edge. Given these four conditions, it is up to the designer to use his
judgement in drawing a sensible and smooth curve. An example of the departure angle
distribution is shown in Figure 11.

LE TE
Figure 11. Typical Departure

Angle Distribution

The interior meridional distribution of losses within a blade row has a much smaller
effect on the results. A great many successful designs have been accomplished with
nothing more elegant than a linear distribution of the overall blade-element loss from
leading to trailing edge. A good piece of advice is that unless you have a very gooo
reason to make a more elaborate assumption, select the simplest possible one. A logical
basis for a slightly refined assumption might be the following. Once a design has been
rouhed out, by assuming a shock geometry in the cascade plane, one can identify what
portion of the meridioral cross-section of the blade passage the shock wave will cover.
The shock portion of the loss can be assumed to be linearly distributed over that
portion. Most of the diffusion loss will occur downstream of the shock. It will also
in~clude some mixing loss downstream of the trailing edge in the blade wake. Thus, the
remainder of the loss could be assured to be liiearly distributed from where the shock
loss terminates to either the trailing edge cr some distance downstream of it, depending
on where one wishes to distribute the mixing loss.

Blockage is another parameter which it is difficult to distribute on any firm
scientific basis. many designs have simply distributed it linearly across blade rows.
It is probably just as often distributed non-linearly based upon a designer's evaluation
of past experiments with similar machines. The safest approach is similar to that
recommended for losses; namely, unless you have a good reason to use something more
elaborate, stick to a linear distribution.

Design Control and Optimization

There are, in principle, an infinite number of designs which might satisfy all of the
foregoing criteria for a given blade row or stage. One of the designer's goals is to
have some rational basis for selecting the one best design to meet his objectives. The
preliminary design will normally have established solidity levels and loading levels such
that stall margin and other design goals can reasonably expect to be met. Structural
design considerations will have largely defined blade and edge thickness distributions.
At this point in a design, the major aerodynamic optimization goal will generally be to
achieve the desired performance with minimum losses.

If one could calculate losses directly without resort to empiricism, then a rational
search procedure could be devised to minimize losses themselves. However, the
state-of-the-art has not yet advanced to this point. A shortcoming of the empirical loss
prediction schemes is that they are not particularly sensitive to nuances in a design. A
wide range of designs may be predicted to ha-e the same performance, Thus, a more
indirect approach is called for. The next most obvious approach would be to look at the
boundary layer behavior and attempt to minimize separation. However, reasonably good
methods of dealing with strong viscous effects coupled with high Mach numbers are just
now beginning to reach fruition. What will be described here is a simpler method
developed over fifteen years ago when good cascade plane computations for high Mach
number viscous flows were only a faint hope on the horizon. The method has been very
successful and several examples of its use will be illustrated.

The logic of the method presented is as follows. What we would really like to do is
to minimize adverse pressure gradients on the airfoil surfaces. However, let us assume
that the cascade plane computations available are not sufficiently reliable. Therefore,
let us further assume that, if the meridional static pressure gradient as calculated by
an axisymmetric through-flow analysis is minimized, we will have made a major step toward
also minimizing gradients on the airfoil surfaces. Now, the absolute minimum would be a
linear increase in static pressure from leading to trailing edge. However, this is an
unachievable objective because the Kutta condition would not permit an airfoil to sustain
loading all the way to the trailing edge. Therefore, let us assume that our objective
will be to achieve as linear as possible a gradient from the leading edge to
approximately the three-quarter chord position. From that point to the trailing edge, the
gradient should gradually taper off in deference to the Kutta condition. A distribution
wving this character IE illustrated in Figure 12.
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LE TE
Fijure 12. Ssatic Press:ure

Optimization Objective
Design control in order to achieve this objective is achieved largely through three
variables. The most important are the enthalpy rise through a rotor and the angular
momentum variation across a stator. The third variable is the annulus wall shape,
although it is usually desirable to keep annulus wall curvatures to an absolute minimum.
Consequently, we most often introduce only very subtle changes in wall shape. Also, for
practical reasons of maintaining tip clearances, it is usually desirable to keep the
annulus over rotor tips cylindrical, or at worst conical, but not curved ii the
meridional direction.

A very convenient and practical starting point for a new design is to begin by
assuming a linear enthalpy increase on each streamsurface across rotors and a linear
angular momentum decrease across stators. Although this will not be an optimum solution,
it will be close enough to a realistic one that it provides an excellent basis from which
the design iterations aimed at optimization may proceed. An optimum solution defined as
above will normally have non-linear distributions of enthalpy and angular momentum, but
they will not be far from linear and will normally deviate smoothly.

The annulus wall shape chosen to begin a design should be as simple as possible
consistent with the aspect ratios chosen and the contraction ratios required. Wall
curvature should be minimized. In fact, if aspect ratios are chosen which are initially
too high or are poorly distributed axially, undesirable static pressure gradients may be
calculated which can only be avoided by reducing some aspect ratios. An example case for
which subtle changes in wall shape may prove of great benefit is at the hub of a rotor
turning near to the axial direction relative to the rotor. When a rotor turns the flow
to approximately axial, the pressure distribution in the last half of the blade row
becomes very insensitive to even significant changes to the meridional enthalpy
distribution. In such a case, once somewhat reasonable enthalpy distributions have been
defined optimizing most of the blade row, further small adjustments to the hub contour
may prove the key to achieving the optimization objective.

The next two figures illustrate the extent to which the optimization objective was
achieved for the rotor shown earlier in Figure 6. Figure 13 shows the final design
pressure distributions at the hub, mid-span, and tip as obtained from the axisymmetric
through-blade design computation. At the mid and tip radius, the optimization objective
was reasonably well achieved. At the hub, because the rotor had a steep 32 degree ramp
angle and turned the flow approximately to axial, the static pressure gradient could not
be reduced without actually removing work from the air which would have been undesirable.
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Figure 14 illustrates the final design meridional enthalpy distributions which resulted
in the static pressure distributions shown in Figure 13.

They are not far from linear and thus it is evident why a linear distribution is often a
convenient starting point with which to begin the detail design process. Although at
first glance, one might assume that a work distribution at the hub which was decreasing
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in slope, or at least linear, instead of increasing in slope might have C.ade it possible
to achieve the original optimization objective at the hub, this was mct the case. A vore
nearly linear hub distribution would have resulted in the static pressure rising more
steeply, then flattening out or even falling, only to rise again near the trailing edge.
This was felt to be undesirable and thus the minimum gradient wab essentially linear fro
leading to trailing edge.

Sample Results

The methods outlined above have proven such a simple and direct, as well as
effective, design approach that they have been applied without variation to inlet guide
vanes, rotors, ano stators covering an inlet Mach number range fiom approximately 0.6 to
more than 1.6. Three examples will be illustrated which span most of this range. They
include a subsonic stator section, a supersonic fan tip section, and a supersonic rotor
section with substantial camber. All three met design objectives and did so with low
losses.

Figure 15 shows the static prnssure distribution aroi,rd a subsonic stator section at
approximately mid-span operatiig in a full compressor tage at near design-point
conditions. The approach flach number for this operating condition is approximately 0.b5
and the diffusion factor was about 0.4. What one should observe is a modest suction
surface expansion confined to a region near the leading edge followed by a smoothly
decreasing rate of diffusion with no sign of separation. The gradient is steepest where
the boundary layer is best able to handle it and then decreases scoothly as the boundary
layer grows. If one would compare the appearance of this blade in the cascade plane with
a circular arc it would have more camber in the aft portion of the blade. Figure 1b
shows the pressure distribution around a fan tip section as tested in a two-dimensional
cascade wind tunnel. The cascade has an S-shaped camber line.
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Figure 15. Stator Mid-Span Static
Pressure Distribution
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Figure 16. Supersonic Fan Tip Static
Pressure Distribution

This type of airfoil is often called a precompression airfoil because of the negative
camber in the leading edge region causing a focussing of supersonic compression waves
from the suction surface. lt was designed for a lach number of abcut 1.62 and a
diffusion factor of about 0.52. The important thing to note in this figure is that the
pressure on the suction surface irom the leading edge to the passage shock impingement
point is practically constant and at a value slightly in excess of the upstream value.
Thus, there is no significant supersonic expansion upstream of the shock impingement
point, actually a very small precurpression, and then suction surface diffusion proceeds
smoothly all the way to the trailing ecge.

Figure 17 illustrates the third example. This airfoil was also tested in a cascade
wind tunnel, but not two-dimensionally.

This section in the actual rotor had approximately fifty percent contraction in the
stream tube area across the blade row. This contraction ratio was duplicated with the
cascade wind tunnel sidewalls, and all measurements were tade in mid-passage in the plane
of symmetry. This was designed for en inlet Mach number of 1.46 and a diffusion factor of
about 0.58. It had about 25 degrees of camber and did not have any negative camber.
Once again, observe that the suction surface pressure is nearly flat up to the shock
impingement point. Following that, diffusion is smooth and gradually declining all the
way to the trailing edge.

K n H
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Figure 17. Supersonic Rotor Static
Pressure Distribution

An interesting conclusion which can be drawn is that the simple optimization nethod
described herein is capable of defining desirable airfoils over a broad band of flach
numbers. Better methods are available for very low Mach numbers. Other sonewhat superior
methods currently employed fox high subsonic Miach numbers are much nore time consuming,
e.g. "controlled diffusion" airfoils. It is not yet apparent that alternate methods
available for supersonic Mach numbeis are in any way superior.

Other Aerodynamic Considerations

There are a variety of other factors primarily o aerodmnamic concern which must be
taken into account in the design process. Five of them will be discussed here. The mass
flow through any streamtube in which the M~ach number relative to the blades in: supersonic
is controlled by the inlet wave pattesr if; (1) the tlow is "started", i.e. the passage
shock has been swallowed, and (2) the cascade throat area is sufficient to avoid choking.
Jn fact, if the throat is to small, the passage will never achieve the started
condition. All efficient supersonic blade sections operate in the started condition at
!heir design point. The foregoing design process in most cases automatically leads to an
adequate throat margin. What it does not automatically provide is the correct incidence
angle. The inlet wave system controlling the flow consists of a bow shock propagating
upstream from the leading edge and a series of expansion (sometimes compression' waves
propagating from the suction surface aft of the loading edge up to what is tered the
first captured Mach wave. The .irst captured Mach wave is that wave which first
encounters the leading edge of th next blade. Any waves rurther inside the cascade
cannot propagate upstreas and thus cannot influerce the flow swallowing capacit;' of the
cascade. This wave pattern is illustrated in Figure 18.

Figure 18. Supersonic Cascade Inlet Wave Pattern

For a given streamtube contraction natio, sometimes called axial-vclocity/density ratio,
ane a given inlet Mach number, any given cascade will] have a unique incidence. This say
or may not correspond to the flow which the designer wantd going through that
streamtube. An incidence distribution must first be selected based upcn past experience.
For most supersonic blade sections, this will correspond to a value of about 1.0 to 2.0
degrees relative to the suction ,;urface. However, once a design has been laid out, the
denioner should oo a cascade plane analysis of the inlet wave pattern at several radii to
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see if each section passes the flow intended. The flow in this region is largely
inviscid. The most accurate method is probably the method of characteristics. However,
time dependent computations have also been used successfully for this purpose. If the
correct flow is not passed, the incidence must be adjusted up or down and a new design
accomplished.

Solidity is another important parameter which the designer must consider. Since the
solidity is included in the loss parameter which is usually correlated with diffusion
factor, in some instances one can compute an "optimum" solidity in the sense of that one
resulting in minimum loss. However, in most practical cases, the resulting value is too
low because it may lead to insufficient stall margin. One rule of thumb used for many
years has been to set the tip solidity of a transonic rotor at a value approximately
equal to the relative inlet Mach number at the tip. This rule of thumb was gleaned from
observation of many of the more successful NACA transonic rotor designs of the 1950's.
However, depending on the amount of turning required and the level of diffusion, the best
value may be higher or lower. Where a lot of turning is coupled with high Mach number,
significantly higher solidity may be required to keep shock losses down by minimizing
suction surface expansion upstream of the passage shock. Another way of arriving at the
solidity level fox a fan tip section, which may have a very high Mach number but nearly
zero turning in the relative frame, is to insure that the solidity is high enough so that
a weak oblique shock wave from the leading edge of one blade will impinge on the suction
surface of the next blade upstream of its trailing edge. A weak oblique shock
corresponding to the relative inlet Mach number and the angle of incidence to the
pressure surface is the weakest shock likely to exist in the blade passage. This
situation is illustrated in Figure 19.

Figure 19. Weak Oblique Shock at Pressure Surface Wedge Angle

An impingement point about ten to twenty percent chord upstream of the trailing edge is
an intuitively made arbitrary choice intended to insure that the shock will always be
contained in the passage and to leave some margin to satisfy the Kutta condition. Most
designs for which the solidity level has been low enough to allow a passage shock to miss
the next blade have been rather unsuccessful. The example shown in Figure 19 is from the
zame compressor illustrated in Figures 6 and 16 and described by Wennerstrom [14]. For
multistage designs, solidity is often roughly defined by stall margin criteria introduced
into preliminary design procedures such as that of Koch (151 or Schweitzer and
Garberoglio [16]. rowever, values arrived at in this manner usually need to be refined
in the detail design process based upon more precise loss models, etc.

The ramp angle is the angle of the hub flowpath relative to the axial direction. The
pressure ratio of a stage and the loading distribution between blade rows will
approximately determine the area contraction required across each blade row. The choice
of aspect ratio will then approximately determine the ramp angles, presuming little or no
radius change at the tip. There is a reluctance to design for a ramp angle greater than
about thirty degrees for an axial flow compressor. Most designs fall well under that
value. MIore important than the absolute value perhaps is the smoothness of the hub
flowpath. Ideally, one would like to see ramp angles declining monotonically from inlet
to exit. A staircase shaped flowpath configuration would be among the least desirable
but is not always avoidable. The main objective is to minimize streamline curvature
effects along the flowpath. Every expansion around a convex surface in excess of what is
required must necessarily be followed by a diffusion. Since every blade row in a
compressor is a diffuser (neglecting inlet guide vanes), every effort should be made to
avoid any unnecessary diffusion which will detract from overall loading capability or
stall margin. Hence, the smoother the better is a good rule of thumb for flowpath
design.

Figure 20 illustrates the flowpath of the single stage compressor described by
lennerstrom [14]. Note that the hub is conical over the rotor and is a circular arc
through the stator.

Although in many flow situations it is desirable to avoid discontinuities in surface
curvature, i.e. to maintain continuous second derivatives, for this design it ras
determined that maximizing radii of curvature had a more beneficial effect on velocity
profiles.

Another example is shown in Figure 21 for a three stage compressor.
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Figure 20. Single-Stage Compressor Flow-Path

Figure 21. Three-STage Compressor Flowpath

This was a highly loaded relatively high Mach number design where it was necessary to
contract the flowpath much more across rotors than across stators in order to maintain a
good loading distribution between blade rows. Here a staircase shaped hub flowpath was
unavoidable, but every effort was made to minimize local extremes in curvature.

The smoothness of distributions is not only important for the flowpath. It is of
vital importance for every single parameter employed in a compressor design. This is
rather obvious with respect to airfoil mechanical design parameters such as chord length
and thickness distribution. It is less obvious but equally important in distributing
such things as the enthalpy rise across rotors and the angular momentum change acrcss
stators. Any lack of smoothness in either chordwise or spanwise distributions will be
reflected in peculiarly shaped airfoils and some loss in performance. One technique
which has been found successful for insuring smooth enthalpy and angular momentum
distributions over airfoils is an adaptation of thin plate deflection theory from stress
analysis. At the same time, it minimizes designer effort required to adjust these
distributions. The technique works as follows. The grid composed of computing stations
and streamsurfaces which defines an airfoil is mapped into a rectangle. One edge of this
rectangle is fixed and assigned the leading edge values of the distribution. The
opposite edge is fixed and assigned the trailing edge values of the distribution. Then,
by imposing a deflection (read parameter variation) at a very few points on this surface,
the entire surface will smoothly deform in a way insuring minimum gradients over the
entire surface consistent with the boundary conditions. In stress analysis, this is
termed a surface of minimum strain energy. This is illustrated in Figure 22.

If the initial distributions are analytically defined in some simple way, for example
linearly, then their smoothness can be guaranteed. Then if this technique is used to
adjust these distributions as the designer attempts to optimize a design, smoothness will
be preserved and the number of quantities which the designer has to input are also
minimized.

Airfoil stacking is another factor which the designer must consider. The so-called
stacking axis is a radial line to which the coordinates of an airfoil are referenced.
Thus, when a series of airfoils distributed along the span are referenced to a stacking
axis, the three-dimensional shape of the airfoil is defined. In rotors, the designer has
very limited latitude in that the centroid of each cross-section cannot depart far from
this stacking axis or unacceptable centrifugal stresses will be developed. Centroic
stacking is usually the starting point for rotors. However, subsequent stress analysis
may indicate that modest off-sets from the stacking axis in some spanwise locations may
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reduce stresses, deflections, and untwist. With stators of fixed geometry, the designer
has a wide latitude to stack the blades any way which suits his purpose. For example,
the stators installed in the booster stages between a high bypass fan and core compressor
are often in an inward sloping flowpath. Here the stators are often deliberately leaned
circumferentially so that the blade force terms in the radial equilibrium equation will

help turn the flow inward toward the core. With variable geometry stators, here again
there is less freedom. The stacking axis cannot depart too far from the mid-chord
position or unacceptable end-wall clearances will result when the stator is set at

certain angles.
Mechanical Design Considerations

The last factor which will be discussed is structural considerations. It is
relatively obvious that the designer must choose his material, thickness, and chord
distributions such that adequate margin exists between the centrifugal stress and the
yield strength of the material at the temperature at which the machine must operate.
This margin is to permit a vibratory stress to be superimposed on the steady state stress
while still retaining infinite fatigue life. Prevention of high cycle fatigue is a major
aim of the structural designer. Problems in this area account for a significant
percentage of development and operational costs of a gas turbine engine. The two
principal types of vibration which can cause high cycle fatigue are forced vibration and
flutter. Forced vibration is defined as an externally excited oscillating motion where
there are forces acting on the component which are independent of the displacement.
Where the forces acting on the component are functions of the displacement, velocity, or
acceleration of the component and these forces feed energy into the system, the
self-induced oscillations are classified as flutter. Most of the material discussed in
this section was abstracted from Snyder and Burns, Chapter XXII of [17]. However, for
more complete coverage of the present state-of-the-art in this area, the reader is
referred to the entire two-volume set comprising this reference.

Forced vibration is the result of external forces acting on the blade, disk, or vane
component. Accurate calculation of the undamped natural frequencies and mode shapes is
required if one hopes to achieve an acceptable minimum weight geometry subject to forced
response. The most common sources of forced vibration are shown in Table 3.

TABLE 3 TABLE 4

sources of Unsteady Forces in Rotating Turbomachinecy Stctures
6 P 

I IDENTIFY POSSIBLE SOURCES OF EXCITATION

o Aerodynanic sources STEP 2 DoEnoINE OPERATING SPEED RANGES
o Upstresa vanes/struts (blades) STEP 3 CALCULATE NTURAL FREOOENCIES
o Dwnstre a vanes/struts (blades)
o Aeyiset:; in flowpath ge oetry SP 4 CONSRUCT RESONANCE DIAAM
o Circoferential inlet flow distortion

(pressure, temperature, velocity) STEP 5 DETERINE RESPONSE AMPLITUDES
o Rotating stall
o Local bleed extraction STEP 6 CALCULAT STRE DISRIBUTIOS

o :cchanical source STEP 7 CONSTRUCT MODIFIED GOODMM DIAGRA

o Gar tooth -ehes STEP 9 DETRMINE SIGH CYCLE FATIGE (RCF) LIFE (FTNITS OR INFINITE)
o Pub STEP 9 REDESIG IF 5Cr LIFE IS NOT INFINITE

STEP 10 CONDUCT STRAIN-GAGD RIG/XGINS TEST T VERIFY PREDICTES RESPONSE
AMPLITUDE

There are ten basic steps involved in designing to prevent high cycle fatigue due to
forced vibration. These are itemized in Table 4.

These steps involve evaluating the environment in which the component must operate (Steps
1,2, & 5), predicting the aeroelastic characteristics of the component (steps 3-8),
investigating possible design changes (Step 9), and finally the actual measurement of the
dynamic response of the component in the engine environment (Step 10). Step one calls
for an identification of possible sources of excitation drawn from the inventory of Table
3. Step two concerns the speed ranges which the component will actually experience in
service. Step three for most advanced designs will usually be done using a finite
element analysis. Where disk flexibility is a factor, this must also be included. A
typical example of a finite element mesh for a compressor blade is shown in Figure 23.
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Figure 23. Example of Finite Element Mesh

This particular example used triangular plate elements and assumed a rigid disk.
Depending upon the complexity of the airfoil, volumetric elements are also often used.
Disk flexibility is often a factor and, when this is so, additional elements repzesentina
the disk are also included. The stiffness and mass matrices formed by these elements are
sol ed to compute the natural frequencies. The more elements used, the more precise is
the mathematical model.

Step four involves a presentation of the results of Step three in some manner which
facilitates the identification of potential problems. This is most often accomplished by
construction of a blade (and disc) resonance diagram often called a 'Campbell" diagram.
This is illustrated in Figure 24.

3

FiFure 24. Rlad and Disc Resonace Dintrah

Note that the resonant frequencies of the airfoil increase non-linearly with speed; this
is a result of the increasing stiffness of the airfoils as centrifugal stress increases.
One of the designer's goals is to attempt to minimize the intersection of any airfoil
resonant frequencies, particularly the lower order modes, with any excitations likely to
be experienced in the compressor's operating range. This goes from i-per-rev associated

with unbalance, 2-per-rev associated with a common inlet distortion pattern, to N-per-revassociated with immediately adjacent blade rows up-and downstream. All of the items
listed in Table 3 represent potential excitation sources which bear examination.

Step five of Table 4, determination of the response amplitudes, is typically where we
must resort to experience and empiricism. This empiricism may group typical blades by
common mode shape, damping, type of source, and distance from the source to correlate
with response experience. The use of an empirical method for estimating response is due
to a current inability to adequately predict the strength of the forcing functions
produced and the damping present in the gas turbine environment. The estimation of the
blade stress distribution, Step six, is made by introducing the empirical estimates of
Step five Into a finite element stress computation. A modified Goodman Diagram is
contructed from the properties of the material chosen, Step seven. An example is

illustrated in Figure 25.
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Figure 25, Typical Modified Goodman Diagram

From that, the vibratory stress margin is estimated pelmittina Step eight to be
accomplished. If the result of Step eight is not satisfactory, Step nine must be
accomplished. Otherwise, the final result is evaluated in Step ten from rig and/or
engine tests. If redesign were required to obtain infinite fatigue life, a menu of
possible changes is illustrated in Table 5.

TABLE 5

Typical forced vibration redesign considerations

o Proxim~ity of sources igap/chord. P/QC

o Number of sources (resonance speed)

o Geometry of sources (lover disturbance)

o Geometry of resonant piece (stiffness and mass distribution.)

o Bondary conditions (type nf fixity)

o inlcrease system damping (coating. fioleyi

o Amplitude limitation (shroud gap)

o increase fatigue strength (geometry. material, temperature)C

With respect to flutter, the designer is primarily interested in predicting its onset
rather than attempting to predict a specific vibratory response level as with forced
vibration. The object. with fluitter is to avoid it entirely whereas some level of forced
-ibration is unavoidril and must be dealt with. As mentioned earlier, the condition of
flutter exists when the energy absorbed by an airfoil due to negative aerodynamic damping
equals or exceeds the energy dissipated due to structural damping at the equilibrium
vibratory stress level. Since, in most systems, the structural damping is not large, the
design criteria cssentially becomes dlesigning for positive aerodynamic damping.

The five most common types of fan/compressor flutter are illustrated on a compressor
map in Figure 26.
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The first four parameters are all aerodynamic. The fifth, the vibratory mode shape, is
necessary since the vibratory displacement directly affects the magnitude and sign of the
unsteady aerodynamic work per cycle. All five parameters are relevant to each type of
flutter and are important elements of a flutter design system.

The first two parameters are dimensionless and appear in the governing equations for
unsteady flow over a vibrating airfoil. Reduced velocity is defined as the ratio of
relative inlet velocity to the product of blade vibratory frequency and blade semi-chord
length (semi-chord equals chord/2). In general, the reduced velocity parameter will have
a value between 1 and 5 at the flutter stability boundary.

V
Reduced Velocity = bW

A variety of blade loading parameters have been used for flutter correlations. These
have included incidence or non-dimensional incidence, pressure ratio, diffusion factor,
choke margin, and others. Either static pressure or density has been used as the fourth
parameter. The primary effect of changing air density (or pressure) is a proportional
change in unsteady aerodynamic work per cycle and therefore in aerodynamic damping.
Increasing gas density is stabilizing if aerodynamic damping is positive; it is
destabilizing if aerodynamic damping is negative.

The final dominant design parameter is vibratory mode shape. Since the blade
unsteady surface pressure distribution is also a function of the blade mode shape
(motion), the aerodynamic damping is also a strong function of the vibratory mode shape.
The mode shape may be pure bending, pure torsion, or a coupled complex mode combining
both bending and torsion. The low aspect ratio fan and inlet stages now entering service
are particularly subject to these coupled modes if flutter is experienced.

Of the types of flutter illustrated in Figure 26, classical unstalled supersonic
flutter is the only type of flutter for which a reasonably accurate analytical design
system exists. The term unstalled is used because unstalled supersonic flutter is
encountered when the stage is operating at a low pressure ratio relative to its
potential. Classical is used because of its similarity to classical aircraft wing
flutter. The existing analytical design system contains a blade-disk-shroud vibrational
analysis, an unsteady flat plate cascade analysis, and an aerodynamic damping
calculation. The result is the capability to calculate the aerodynamic damping for each
mode (and nodal diameter if necessary) of a compressor blade/disk assembly. The simplest
empirical classical uninstalled supersonic flutter design system consists of plotting
available data on a plot of reduced velocity versus inlet Mach number and drawing a curve
(flutter boundary) which best separates the flutter and non-flutter data points. Such a
curve is illustrated in Figure 27.
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Figure 27. Typical Empirical
Flutter Correlation

Any point below the curve should indicate freedom from flutter, data points indicating
the onset of flutter should be clustered abo'it the shaded line. In general, all blades
flutter at a common frequency.

Another of the types of flutter depicted in Figure 26 which can be empirically
:u z1,lated by this approach is the AlOE type supersonic stall flutter. The de-iqnation
A100 lerives from the model number of a particular engine in which this type of flutter
was first observed. It is characterized by a torsional vibration of a shroudless blade.
Its aerodynamic characteristics are unique in that there are stable operating points at
both high and low loading but there is an intermediate range of loading at a given
corrected speed which is unstable. All blades tend to vibrate at the same frequency and
interblade phase angle in this mode.

The simplest form of correlation for the remaining three types of flutter depicted in
Figure 26 is a plot of reduced velocity versus incidence angle such as sh-an in Figure
28. The first type illustrated in Figures 28 and 29 is subsonic/transonic stall flutter.

Experience has shown that with such a correlation with parameters chosen at a
representative spanwise location, it is possible to eparate most of the flutter and
non-flutter data with a curved line. The points A,B, and C shown in Figure 28 are the
same ones shown in Figure 29 on a conventional compressor map. This type of flutter can
prevent acceleration up an engine operating line. An unacceptable design can be
conrected by design changes which decrease the reduced velocity, the blade loading or
incidence, some combination of both, or by rematching the engine to lower the engine
operating line on the map.
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Vibratory mode shape is also a dominant subsonic/transonic stall flutter design
parameter. For a given reduced velocity, a bending mode is much more stable than a
torsional mode with the nodal line located near mid chord. This is illustrated in Figure
30 and requires that the designer evaluate the flutter margin in both modes. If bending
and torsional modes are coupled by the presence of a flexibile disk or part-span shroud
cr tip shroud, the ratio of bending to torsional motion and the phase angle between them
must be considered in the flutter analysis. This is illustrated in Figure 31.
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Figure 30. Flutter Correlation Figure 31. Flutter Correlation
for Shroudless Blades for Modes Coupled Through a

Flexible Disc or Shrouds

Characteristics of subsonic/transonic stall flutter include non-integral order vibratory
response, sporadic amplitude with time, stress levels which may remain constant or
inclec:se with blade loading, and blades which may vibrate at different frequencies and
amplitude in the same mode, whether bending, torsion, or coupled.

Supersonic stall flutter can be empirically correlated in the same way as
subsonic/transonic stall flutter. However, like unstalled supersonic flutter, all blades
tend to vibrate at a common frequency. Experience indicates that the mode is generally
first bending.

The last type of flutter, choke flutter, can also be correlated in the manner of
Figure 28 as a function of reduced velocity and incidence. In the transonic flow regime,
this usually corresponds to a negative incidence condition. Design changes to avoid this
condition are the opposite of those to avoid stall flutter; namely an increase in reduced
velocity or an increase in incidence would move one away from a choke flutter boundary.

Prior to manufacturing, for most designs, it is also important to correct the
aerodynamic design for deflections due to steady state stresses and temperatures so that
in the hot running condition the geometry will conform to the designer's intent. This
means that the parts as machined will be slightly different. For high aspect ratio
airfoils with shallow ramp angle., I-am theory is often adequate to compute stresses and
deflections. The corrections for deflection are then limited to a restaggering of the
airfoils However, at lower aspect ratios and particularly with steeper ramp angles, a
full finite element stress analysis must be accomplished and the deflection corrections
must be applied over the whole surface. Thus both camber and stagger distributions are
modified to define the cold static geometry.

Design System Weaknesses

The greatest weakness in axisymmetric design systems is the fact that they are
axisymmetric and do not normally take secondary flows into account. Secondary flows are
defined for this purpose as any flow which violates the assumption of flow confined to
concentric streamtubes with no spanwise mass, momentum, or energy exchange. However,
major progress has been made toward removing this deficiency in recent :'ears. This also
permits inclusion of end-wall losses where they actually occur since mixing precludes
their accumulation in end-wall streamtubes. The improvements have resulted in a hybrid
type of computation through which simplified empirical models of the more important
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secondary flow features are incorporated through superposition on an axisymmetric
computation. Since the computation with a streamline curvature code is inherently
iterative, this is relatively straightforward to accomplish. The solution is typically
started in the normal axisymmetric fashion and then, at some point before convergence is
achieved, these corrections are introduced in the remaining iterations until the
solution, hopefully, converges. The types of corrections introduced in this fashion
include inviscid secondary flow, wake centrifugation, end-wall boundary layers, and
turbulent diffusion, among others. The best published examples are those of Adkins and
Smith [18] and Gallimore [19].

The next most important weakness in through-blade design systems is the lack of real
data on parameter distributions inside a blade row. These include departure angle,
losses, and blockage. As discussed earlier, at present one is forced to rely on logical
assumptions which are only partly augmented by computations and experiments. The day
appears not too far off when some combination of computational fluid dynamics and
non-intrusive measurements will be able to answer these questions. However, this may
still require several years.

The last significant weakness in contemporary design systems is their inability to
take non-steady flow features into account. Non-steady flow has been found to influence
the flow-swallowing capacity of transonic and supersonic stages and is also suspected to
influence losses. It is not uncommon for a modern aircraft multi-stage compressor to
have three or even four transonic or supersonic stages downstream of the inlet stage.
The impact of a downstream stage overflowing is shown in Figure 32.
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Figure 32. Effect of a Downstream Stage Overflowing

This compressor map illustrates the impact on an upstream stage, or block of stages, if a
downstream stage overflows. The upstream stage or block is forced to a lower operating
point on its characteristic. The efficiency is poorer and the work which this upstream
stage or block could have accomplished is not achieved.

Lacking any other rational explanation for this behavior, it was hypothesized that
this phemomenon was due to non-steady characteristics of the flow. It was further
assumed that, since the flow-swallowing capacity of a supersonic cascade is normally
defined by the inlet wave pattern, the non-steady wave pattern may be the primary cause
of the change. This is illustrated in Figures 33 and 34.

STEADY WAVE PATTERN UNSTEADY WAVE PATTERN

UNIFORM ILET / VELOCITY PROFILE
VELOCITY PROFILE/ CONTAIN WAKES

Figure 33. Steady Inlet Wave Figure 34. Non-Steady Inlet Wave
Pattern Pattern

A numerical experiment was accomplished to examine this hypothesis. A non-steady
Reynolds-averaged Navier-Stokes code was used to evaluate one particular cascade with one
set of circumferentially mass-averaged inlet conditions. A non-dimensional inlet wake
pattern was assumed for which the ratio of wake depth to wake width was held constant.
The results are illustrated in Figure 35.

As the magnitude of the wake was increased from zero (equals a uniform steady flow) to
higher values, note that the mass flow first increased, and then decreased below the
uniform value. This effect isnot yet fully understood and is now the focus of several
computational and experimental efforts.
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Current Design Trends

New compressors now under development, particularly for advanced military aircraft
applications, exhibit three conspicuous trends. First, the aspect ratio of the blades is
declining. Second, Mach numbers within the machine are increasing. Third, higher levels
of ditfusion are being employed. The first and third trends go hand in hand. It was
finally recognized in about 1970 that at lower aspect ratios one could sustain
significantly higher levels of diffusion due to three-dimensional secondary flow effects.
Thus, with lower aspect ratios, one could reduce the number of stages required for a
multi-stage compressor to achieve a given overall pressure ratio. The total length of a
multi-stage compressor has only been reduced slightly in that the increased length of the
low-aspect-ratio stages has almost equaled the length saved by reducing the number of
stages. However, what has been dramatically reduced is the number of total airfoils
required. Also, the airfoils of the low-aspect-ratio design are naturally much larger
and more rugged than those of its high-aspect-ratio ancestor. Efficiencies have been
reasonably well maintained. The higher Mach numbers are primarily a result of two
factors. First, materials and mechanical design technology have both improved,
peroitting higher wheel speeds. Second, aerodynamic design technology itself has
improved substantially so that we can now do a much better job of creating efficient
designs for higher Mach numbers. For example, one variable now routinely considered is
leading edge sweep, analogous to aircraft swept wing theory. Ten years ago, among
compressor designers, this was almost unheard of.

Current Computational Goals

From the compressor designer's viewpoint, there are three major current computational
goals. The axisyresetric throughflow code of the streamline curvature type is the work
horse of the industry. Improvements to these codes of the hybrid type, such as those of
Adkins and Smith [18] cr Gallimore (19] , are a number one priority. In this fashion,
the most important three-dimensional effects can be incorporated into fast running codes
efficient for design use. However, at present, there is no unanimity of opinion
concerning which mathematical model--and they are very different--is more correct. The
truth probably lies in some combination of both. A second major goal is an adequate
treatment of non-steady flow effects. It was only in recent years that this was really
recognized as being of some potential importance. Work in this area will probably be
confined to two-dimensional cascade-plane computations of the non-steady flow. At this
point, it is not yet clear how much of this effect is inviscid, and how much is a viscous
effect. A third important area is three-dimensional computational flow models which are
capable of taking into account the influence of adjacent blade rows. most
three-dimensional computations currently focus on a single blade row. It is very
difficult to obtain an adequate representation of inlet and discharge boundary
conditions. To make reliable use of three-dimensional computations in blade rows, major
improvements need to be made in the treatment of boundary conditions.
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1 - INTRODUCTION

The past fifty years have seen the tremendous development of jet engine propulsion. In this half cen-
tury of research P-1 Jevevp,,en, ..z spei~ic neri-s con he discerned : the first one, which lasted
ul1 the mid-sixties, can be characterized by a mostly empirical approach to the problems. Compoeti
design relied very heavily on systematic testing and flow calculations wee carried out by using analy-
tical methods and linearized theories; these were the only tools available before the generalized in-

troduction of computational methods. Many impressive results were obtained through this approach which
called for experience and intuition. Around 1965, the massive use of computers to determine the flow
characteristics through a turbomachine marked the beginning of a new era. The first computational me-
thods dealt with through-flow and iP" ompressible blade-to-blade flow analyses. Then progressively, the
simplifying assumptions were d--ppe i vs by one, and today, very sophisticated codes enable us to de-
sign blading for turbomachine as never before. It should, of course, be kept in mind that the advent
of computational tools has not made obsolete the use of testing. However, testing should now be regar-
ded not only as a means of checking performance for a given design but also as an opportunity to cali-
brate the complex computational methods used in design. The objective here is for the design tools to
become so foolproof that a very reduced number of tests will be necessary to achieve optimal design.

For this purpose, testing has become very complex and has paralleled the increasing complexity obser-
ved in the domain of computational methods. As an example, we can cite the validation of 3-D viscous
codes which requires very detailed flow descriptions including the measurements of turbulence components.
Test rigs are therefore expensive facilities where advanced measuring techniques must often be implemen-
tmd.

The above is true for the various engine components and especially for the cooled high pressure turbine
which must operate under extremely rough conditions and demonstrate high performance, reliability and
durability. The dramatic increase, over the past years, of the turbine inlet temperature, as illustra-
ted in figure 1, has made the turbine designer's task extremely difficult. Unfortunately, meeting the
various requirements, especially those demanding high performance and long life cycles, calls for con-
tradictory design optima. High performance for highly loaded turbines can best be achieved by rather
thin blades especially in the trailing edge region. Durability can tnly be guaranteed by reasonable sur-
face temperature levels ard gradients in the critical leading and trailing edge regions. Cooling of the
trailing edge region can then only be achieved by bringing the internal coolant as close as possible to
the critical point which means that the trailing edge region must be thick enough to accomodate a core.
This simple example shows that the best compromise must be found for the inner and outer shapes of the
nozzles and blades. And this can really only be achieved if internal and external designs are carried
out by an integrated team of specialists.

The purpose of the present paper is to describe the tools that are available for helping today's design
engineers to reach this objective. Examples of what can be achieved will be presented. Both theoretical
and experimental aspects will be addressed since they are an integral part of the design process.

It is further pointed out that the present paper will extend somewhat beyond what is stated in its ti-
tle. In fact we will not only cover the design of cooled HP turbines but also focus some of our atten-
tion on the design of the first LP nozzle behind the HP turbine because interaction problems between
the HP and the LP turbines can be considered as a major design challenge. The HP turbine and the first
LP nozzle cannot be treated separetely and actually belong to the same component.

2 -DESIGN PROCEDURE

Compressors and turbines are designed using theoretical tools and computational methods. It is clear,
however, that no current computer program can match the complexity of real flow through a turbomachine.
Strong three-dimensional and viscous effects appear within and downstream of the simplest blade pas-
sage, for example secondary flows, 3D boundary layers on blades and endwalls and wakes from the bla-
de trailing edges, just to mention a few. In addition, interactions between rotating and non-rotating
components bring unsteady effects into the picture.

In the case of high temperature HP turbines, cooling adds a new dimension to the challenge of modelling
internal flows through the machine.

The analytical solving of the entire problem cannot be envisioned for many years to come. Consequently.
today's design is based on some fairly rough cjmplifications of the real flow that make it amenabl' to
resolution on the current generation of computers.

Most design systems are based on the model introduced by Wu (1) for single blade rows. The model con-
sists in breaking down the overall 3D problem into two problems where the flow is solved successively
on two intersecting families of stream-surfaces S1 and S2 as shown in figure 2. The S1 surfaces cor-
respond to blade-to-blade surfaces. On the S2 surfaces, the so-called through-flow is calculated.

Although it would be possible to solve the 3D problem using an Iterative procedure linking the Si and
b2 surfaces, most designers have only been working with a single S2 stream-surface through the machine
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and a number of 31 surfaces along the span, the latter being then axisymmetric. This design procedu-
re, which is very widely used through-out the industry, is referred to as a 2.5D or quasi-three-dimen-
sional design approach. It is still the starting point of any new design, although as will be seen,
3D-computations do come into play in the analysis mode.

It is a well established fact that the design of cooled high pressure turbines is a complicated process
due to the fact that not only must aerodynamic problems be addressed, but also thermal aspects linked
to high inlet temperature must be taken into account from the start. This leads to an intricate design
procedure where various iterative loops interfere with one another. An attempt to depict this situation
is presented in figure 3. The present paper will only deal with the external blading design and the
cooling will be taken into consideration only from the point of view of its impact on the external sha-
pe of the blade and the external flow.

The various aspects encountered while defining a geometry can be classified into two categories : the
first one corresponds to more specific design tasks where a geometry is actually determined from given
constraints; in the second one, the geometry is thoroughly analyzed using methods which are usually
k- czour- 'han the iesien ones ,sed in the previous step.

These two complementary stages will now be investigated in the following and each individual step will
be presented.

3 - TURBINE DESIGN SYSTEM

3.1. Through-flow calculation

In most design systems, the initial design starts with the resolution of the through-flow on a S2
surface as defined previously.

The flow is always considered as steady in the frame relative to the considered blade row. The
three-dimensional problem is reduced to a two-dimensional one by either neglecting the circumfe-
rential gradients in the general equations or by adopting a passage-averaging which introduces
some fluctuation terms. The first approach can only be used outside of the blade row, while the
second one can be applied within the blade row and therefore can provide valuable information about
the effects of the blade geometry on the flow.

A very widely used method to compute the through-flow is the so-called streamline curvature method
for which the radial position of the streamlines in any given axial station is determined through
an iterative procedure in such a way that the flow equations are fulfilled and convergence is ar-
chieved.

For turbine design, this computation requires the specification of certain parameters for each
blade row, for example the radial distribution of angular momentum at the HP nozzle exit and the
radial distribution of work for the rotor. In order to minimize the effects of endwall phenomena,
i.e.,secondary flows, parabolic types ,f vortex radial distribution must be adrpted on blade row.
These optimized distributions lead to opening the stators at the hub and at the tip to allow more
flow in these endwall regions. Basically, this will have the effect of reducing the metal devia-
tion close to the walls and lead to three-dimensional geometries.

The radial work distribution in the rotor will also be tailored in a such a way that endwall sec-
tions will be unloaded compared to the mid-span ones.

The loss distribution for each row must also somehow be specified. It can either be a given set
of data or a correlatin which is introduced as input or the result of some internal calculation
linked to the computed flow properties as will be seen further on for the secondary lnme.-

Choice of reaction is naturally essential for any type of turbine stage. For high pressure turbi-
ne, its selection should not only be based on HP turbine performance but also on LP first nozzle-
even first stage-efficiency. This is especially true for very highly loaded HP turbines where
Mach number levels are very high andinteraction problems between the HP and the LP turbines can
take or some importance. Reduction of reaction from the optimal value for HP turbine can then
bring an improvement to the overall performance through reduction of the LP first nozzle inlet
Mach number and flow deviation.

For specific cooled turbine applications, cooling flows and parasitic fluwu must be specified in
the through-flow calculation. These are characterized by their mass flows, temperatures and pres-
sures as well as by the angles under which they are introduced into the main flow. The axial lo-

cations where this cooling air is introduced in the computation is of importance since it will
have an effect on the turbine flow function and power output.

The design through-flow computation must still be considered as a basis for preliminary blade sec-
tion design. It yields an approximation to the axisymmetric streamlines and stream-tube thicknesses
through the blading. This piece of information is essential for quasi-three-dimensional blading
design, but it must be stressed that the evolution of these parameters depends strongly on the
assumptions made for the axial distributions of losses and turning through the blading as well as
blade stack.

An example of such a through-flow computation is presented in figure 4 for an HP/LP turbine combi-
nation. Cooling flows are repiesented by small arrows distributed along the span. The streamlines
obtained after convergence are likewise shown. For this application, a contoured flow-path in the
HP nozzle has been used. The objective of this contouring is to reduce the secondary flow losses
via action on the three-dimensional static pressure gradient through the blade row.
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3.2. Flow-Path contouring

Back in 1960, work by Dejc (2) gave some indication on how to improve the efficiency of high hub-
to-tip ratio turbines through flow-path contouring. This information was summarized in a set of
curves (presented in figure 5) which linked the efficiency gain to the contraction ratio of the
converging flow-path and to the aspect ratio of the blade row based on the exit blade height.

Since then, some in-depth research has been devoted to the understanding of the mechanisms that
govern the flow through a contoured flow-path. We can cite, for example, Morris and Hoare (3),
Kopper and Milano (4), Haas (5), Haas and Boyle (6), Boletis (7), Moustapha (8) and Arts (9) for
theoretical and/or experimental analyses.

All authors agree that, when compared to classical cylindrical flow-path, outer flow-path contou-
ring on a nozzle with constant inner radius has a small effect on the hub blade surface velocity
distribution whereas large differences can be observed in the tip region close to the contour.
Figure 6 from (7) is a classical example which shows how the auction side velocity disribution at the
outer rdlius of the nozzle can be influenced by the geometry of the outer casing.

However, the situation is not as clear when one considers the radial loss distributions measured
or estimated by the various authors. Most notice a small change of the losses in the contoured
tip region of the blade row although a dramatic shift in the loss radial distribution may occur.
This is not consistent with the strong effect of the contouring on the profile velocity distri-
bution which would indicate a probable reduction of the secondary loss through reduction of the
circumferential static pressure gradient. It should be noted, however, that the drastic change in
suction side velocity in the first half of the blade may be compensated by an increase in the
diffusion in the aft-portion of the profile. For the special case of transonic blades, this diffu-
sion, if not carefully kept under control, can lead to a strong shock in the nozzle.

Outer flow-path contouring has a strong effect on the losses in the root region of a contoured
nozzle. Secondary losses are greatly reduced although the mechanisms that lead to this reduction
are not completely understood.

The overall gain through contouring can be expected to be of the order of half a point in turbine
F efficiency. However, for highly loaded HP turbines, it should be kept in mind that this gain could

be offset by shock losses. Flow-path contouring may not be the best solution for high exit Mach
number nozzles unless already highly forward loaded in cylindrical flow-path. Effect of induced
curvatures on the rotor flow should also be taken into account.

For more conventional transonic blades, contouring can bring about an improvement but requires a
fully integrated design of blade and flow-path in order to keep in check any undesirable overspeeds
and the occurrence of strong shocks.

3.3. Blade section design

In the through-flow calculation, the velocity triangies at the inlet and the outlet of each blade
row are determined along the span. These steady axisymmetric flow conditicns will now be used as
boundary conditions for designing blade sections that must also satisfy various aerodynamic and
geometric constraints. For cooled turbine applications, these geometric constraints take the form
of a thickness distribution in the leading edge but mostly the trailing edge region. In the latter,
the internal cooling cavity must be brought as close as possible to the trailing edge which often
must also accomodate a pressure side or a trailing edge slot.

The methods that deal with the aerodynamic designer's task of defining more efficient airfoils
fall into two categories : the first approach is based on optimization techniques whereas the
second one uses inverse design methods.

3.3.1. OPtirTnizti2on mthods

The basis for the optimization methods is the use of a blade-to-blade analysis method cou-
pled with a so-called optimization procedure which will successively modify the geometry
until a given constraint is satisfied. The computation starts with a blade shape which is
usually not too far from the final solution. It then proceeds by changing the overall geo-
metry or only part of the profile to minimize, for instance, the difference between the
computed and a desired blade surface velocity distribution.

Examples of such mixed mode methods have been presented by Tong and Thomkins (10) and
MeauzC (11) using time-marching schemes to update the geometry. For each change of the
latter, the computational mesh is updated until convergence is achieved. This procedure
can be costly in computer time but some interesting results have been obtained as demons-
trated in figure 7 from (11).

More recently, Cedar and Stow (12) proposed a mixed mode approach using a finite element
velocity potential method. Update of the grid is avoided by use of a transpiration model to
change the velocity potential boundary conditions on the blade surface.

Such optimization methods can also be extended to three-dimensions as in the contributions
by Zannetti and Ayele (13).

3.3.2. D SDeb~ 4

In this approach, one specifies the surface pressure distribution and the method calculates
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the corresponding airfoil geometry. The first such design method was introduced by Lighthill
(14) in 1945 for incompressible flow. He showed that one cannot prescribe any arbitrary
velocity distribution in order to obtain a solution, but rather a given prescribed velocity
distribution on the blade surface must satisfy certain constraints that deal 1) with the
WttibiiY Of the velocity distribution and the wified free-e ra velcity nd 2) withhecme onf the

prfiie. It las been aA that the same holds fir ciprible flow.
Surface boundary layers can be taken into account within the design procedure via any fast
integral boundary layer computation. The calculated displacement thickness is substracted
after smoothing from the computed profile to yield the final metal airfoil.

Examples of such design methods include the contribution by Stanitz (15), Schmidt (16),
Giles and Drela (17).

Figure 8 gives an example of a first stage LP turbine nozzle designed with a method based on
the work of Stanitz (15).

3.4. Blade stacking

In the usual des=gn procedure, several SI stream-surfaces are used along the blade span to define
blade sections. The final three-dimensional geometry of the blade is then obtained by stacking
these blade sections in such a manner that some mechanical and aerodynamic constraints are fulfil-
led. In addition, for cooled blades, manufacturing problems related to the inner geometry of the
cooling system must be taken into account.

When no such manufacturing constraints exist, great freedom can be applied in the stacking problem
to optimize the radial loading distribution for the blade. In particular, leaning has been shown
to be a powerful tool in influencing the radial loss distribution both for cylindrical and diver-
ging side walls. Tests have been carried out for various values of blade lean angle (18). Figure
9, from Hourmouziadis and HUbner (19), gives a summary of these experiments. The loss improvement
observed for blades having a lean angle such that the pressure side faces the inner/outer band
can be traced back to a modification of the radial load distribution and of the radial static
pressure gradient.According to Zhong-Chi Wang et al,(18) and Han Wanjin et al.(20). the latter
causes the low energy boundary layer fluid near the walls to be sucked into the main stream zone
with the effect of reducing the end-wall loss. Comments by Hourmouziadis and Hubner (19) do indi-
cate, however, that leaning the blade as indicated previously may add another driving force to the
mechanism leading to passage vortex formation and subsequent near wall suction side separation.

According to computations carried tut by Hourmouziadis and Hibner, the main effect of leaning is a
redistribution of the blade radial load. Quasi-three-dimensional Euler predictiors of pressure
distributions were obtained for a classical radial vane and a 15 degree leaned vane with the pres-
sure side facing the hub. The results are presented in figure 10 from (19) and show a strong re-
duction of aerodynamic loading at the hub and the opposite effect at the tip. These computed
results agree qualitatively with the measurements obtainea at the hub of a 20 degree leaned vane
and presented in figure 11 from (19).

These various observations have led some authors (18) to propose a blade with a curved stacking
axis such thatthe pressure side faces the walls at the inner and outer radii and the middle part
is radial. In such a design, the radial static pressure distribution encounters a minimum at the
meansection, whereas the minimum is encountered at the hub for a conventional radially stacked
blade. Figure 12 from (19) illustrates this concept.Dawes (21) performed a 3D Navier-Stokes ana-
lysis on just such a blade. Results are qualitatively in agreement with those reported in (18),
(19), (20) concerning the reduction of loading in the endwall regions. The computation shows a
strong increase of the loading at midspan as clearly demonstrated in figure 13 from (21). This
increased loading causes a thickening of the suction side boundary layer.

The computation does not indicate a real improvement due to leaning.Computed total pressure con-
tours are very similar for the radial and the leaned configurations. Furthermore, an increase of
the secondary flows is observed, as clearly visible in figure 14 from (21) which compares the ve-
locity vectors near the endwall with and without dihedral. This increase can be traced back to a
shift of the saddle point separation away from the leading edge and to the driving force already
mentioned by Hourmouziadis, which is caused by the inverted radial static pressure gradient.

ft should be pointed out, however, that these computations were carried out with a very coarse
mesh for a 3D Navier-Stokes code and thus some details of the flow may have been overlooked. In
addition, the simple parabolic stacking selected for the sake of simplicity is probably not the
optimal choice.

Cold flow performance rig tests of an HP turbine stage reported by Morgan (22) indicate a stage
efficiency improvement of .8 percent with an optimzed stacking versus a classical one for the HP
nozzl In this study, comparison is made between 1) a bla whihis stacked alau a straiht lime triling
edge, and 2) a geometry where the incovered suction surface is concave over the span of the stator
but the suction surface throat line is almost straight (see figure 15 from (22)).

Blade stack is obviously a powerful means of influencing the loading and loss distributions along
the span of a given blade. However, the various aspects of the problem need to be assessed
through experiment and detailed 3D computations. Furthermore when contemplating application to

cooled turbines, it should not be forgotten that introducing complex stacking techniques will com-
plicate the manufacturer's task even further due to the existence of the internal cooling system.
This may limit the designer's freedom in his quest for improved performance.
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As an illustration of the above, figure 16 gives a typical example of a cooled nozzle for the
first stage of an LP turbine. This geometry has been designed for optimal adaptation to the HP tur-
bine exit swirl. However, complex 3D stacking could not be incorporated due to the increased com-
plexity this would have implied in the manufacturing process.

3.5. Constraints due to the internal cooling system

Current high pressure turbines that operate at very high temperatures must be cooled to guarantee
durability. Cooling is achieved via internal convection, impingement and film cooling where the
coolant is injected into the main flow via rows of discrete holes. To enhance internal convection,
complex internal geometries are needed where heat transfer coefficients must be optimized- increa-
sed or not, depending on the overall configuration.Generally speaking, the internal coolant must
be able to reach all portions of the blade and this requirement will have a direct impact on the
blade outer shape. Of main concern for thermal design are the leading and trailing edges : the
aading edge because this is where the pressure difference between internal and external flows is
smallest, the heat flux is very high as well as the flame radiation for a nozzle; the trailing
edge because it is the thinnest part of the blade, where the heat load can be felt from the suction
as well as from the pressure side of the blade. In addition, this is also the hardest place for the
coolant to reach due to thinness of the blade. For the leading edge, the requirements for a special
outer blade shape are not as stringent as in the trailing edge region. In fact, the outer blade
shape will more or less dictate the kind of cooling arrangement that will be selected. For pure
convective cooling with turbulence enhancers, the blade nose should not be too thick in order to
accomodate a small cavity in the leading edge where Reynolds numbers and heat transfer coefficients
are high. In addition, the curvature of the profile when just leaving the stagnation point region
should not be too high so as to allow drilling the film cooling holes at a small angle relative to
the blade surface. This will help increase the film effectiveness and reduce the cooling losses
induced by the perturbation of the boundary layer caused by the coolant ejection.

Cooling the trailing edge is usually more difficult because the geometry does not afford as many
possibilities as in the leading edge region. Typically, current blades have a trailing edge thick-
ness of roughly 1 mm, unless cooled via a slot in the trailing edge. For high Mach number profi-
les, the thickness in the aft-part of the blade is one of the main factors that will or wi! not
lead to the occurence of strong shocks in the blade passage. Minimizing this thickness and the
trailing edge wedge angle is therefare necessary from the strict point of view of performance.
For cooling purposes and durability, coolant must be brought as close as possible to the trailing
edge. This then poses the problem of manufacturing the trailing edge cavity in a thin blade with
skin thicknessesof the order of 0.5 to I mm. Tremendous difficulties are thus encountered when
casting the blade with a thin core that has to be held in the right position. The trailing edge can
therefore be said to best exemplify the necessity of finding a compromise between performance, du-
rability and manufacturing requirevents.

4 - LOSS PREDICTIONS

As indicated in figure 3, designing a turbomachine is the result of iterations between design and ana-
lysis procedures. The inverse procedure described above is typical of current practices used in the
industry to obtain the first basic geometry of the blade. Following this initial task, a loss assess -
ment must be completed at both design and off-design conditions. A whole new set of methods must now
be implemented to determine the performance of the blading which may or may not fulfill the prescribed
requirements. In the latter case, the geometry will have to be corrected and this will be achieved via
the design loop.

It is obvious that one of the best ways to assess the loss of a given blade is to run a three-dimen-
sional compressible Navier-Stokes code. A bit farther on, some attention will be devoted to this
approach which will probably be available to future designers on a current basis. However, conside-
ring the present cost of such a procedure, not to mention certain technical problems that remain to
be solved, more simplified methods are still widely used. In these procedures, the basic aerodynamic
losses fall into two categories :

1) the profile loss linked to the surface velocity distribution, essentially a blade-to-blade problem,
and

2) the secondary loss, which is strongly linked to the through-flow

In additionfor cooled turbine application, whatever the procedure, cooling losses must of course be
taken into account in the loss assessment, which greatly complicates matters.

4.1. Quasi-3D) and full 3D inviscid blade-to-blade analyses

A great deal of effort has been devoted in the past twenty years to the computation of the blade-
to-blade flow through a turbomachine blade row. Back in the late sixties, Katsanis (23) made some
pioneering contributions to the subsonic problem. Since then, many codes have been developed with
specific applications and the various simplifications that were adopted in the early days have been
progressively abandonned.

A whole set of blade-to-blade codes is now available for the designer, covering subsonic to transo-
nic/supersonic flows, nviscid to viscous, two-dimensional to three-dimsional , and more recently,
steady to unsteady. It s not our purpose here to describe all these methods. Instead, we will con-
centrate on a few examples of what can be achieved when using this computational approach. This
affords us the opportunity to bring to light the problems that are currently encountered in blade
profih design.
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For inviscid subsonic and low transonic blade-to-blade analysis, the Katsanis code was for many
years the standard method. In the past ten years, it has been progressively replaced by more
advanced methods of the potential type such as the one developed by Luu and Monfort (24) for the
quasi-three-dimensional case. The classical decomposition of the flow into an incompressible rota-
tional part and a compressible irrotational one is applied. A finite-different scheme is used to
discretize the equations which are then solved on an orthogonal mesh obtained by a singularity
method. Coupling with an integral boundary layer calculation is achieved via a transpiration mo-
del. Figure 17 shows an example of a comparison between the experimental and the computed (via
Luu's method) surface velocity distributions on the nozzle for the first stage of an LP turbine
at the mean-line. Although the results can be considered as satisfactory, there is still room
for improvement in the leading edge region where the mesh is ill-adapted. Poor design in this
region can lead to velocity spikes especially at off-design conditions. Great care should be ta-
ken to limit leading edge over-speeds both on the suction and the pressure sides, since they can
cause laminar separation bubbles and increased loss. These spikes can be removed through a change
in the geometry via a design method as illustrated in figures 18, 19 and 20 from Cedar and Stow
(12).

Knowledge of the flow situation in the leading edge region is even more necessary for blades li-
ke HP nozzles where shower-head cooling is used in the leading edge area. In this case, the posi-
tion of the stagnation point will not only influence the velocity distributions in the area but
also the way the coolant will divide itself between the suction and pressure sides. In order to
"capture" this stagnation point on a thick leading -edge, C Or-0 type rThm,such as the one presented
in figure 21 for a transonic HP nozzle, must be implemented. However, it should be pointed out
that even though the computation does yield plausible results in the immediate proximity of the
stagnation point, it is hard to demonstrate the validity of the solution in this region due to
measuring difficulties.

Figure '2 shows a comparison of the computed and experimental surface velocity distributions for
the HP nozzle of figure 21. The calculated results were obtained with a time-marching method ba-
sed on work by Viviand and Veuillot (25). The quasi-three-dimensional unsteady inviscid Euler
equations are solved with either a finite-difference a a finite-volume scheme. The multi-zone
technique as well as the multi-grid scheme introduced by Ni (26) are used to optimize speed and
accuracy. The experimental results were obtained in the VKI CT2 two-dimensional blow-down wind
tunnel.

When computing quasi-three-dimensional inviscid flows through a turbine blade row, one has to deal
with two problems : the first one is related to the stream-tube contraction while the second one
concerns the trailing edge shock prediction. The first problem stems from the fact that the blade-
to-blade computation does not take into account any loss production, except in the cases where shock
losses are actually computed by the program or where a boundary layer code is coupled with the
main stream computation. Even then, only part of the loss is taken irto account while the rest of
the entropy generationis ignored. To counter this deficiency, the stream-tube contraction obtai-
ned from the through-flow computation has to be corrected. This correction will naturally depend on
the axial loss distribution which is prescribed for the blade. It should be kept in mind that un-
certainties will remain concerning this distribution especially for the secondary loss and the
HP/LP interaction loss. Furthermore, this assumption of loss distribution through the blade will
also have an effect on the computed turbine flow function.

The other worrisome aspect of inviscid blade-to-blade computation is encountered in transonic tur-
bines where trailing edge shock waves appear. A complex trailing edge flow structure linked to
the blade thickness and boundary layer separation/reattachment must then be considered. The pres-
sure side leg of the shock system will travel across the blade passage to impinge on the suction
side of the adjacent blade. This causes a strong alteration of the velocity distribution. The
boundary layer may then separate and in any case, will undergo transition at this very spot with
an increase of the heat transfer coefficient. Prediction of this mechanism is therefore important
for the overall design of the blade. Thus is the designer confronted with trying to solve a vis-
cous related problem with an inviscid code. This can be accomplished in different ways

The first solution is to adapt the blade trailing edge cusp which has to be introduced anyway to
avoid unrealistic pressure distributions in this area. The problem here is that one never knows
for sure whether the computed shock intensity is correct;

The second solution calls for models which can be based on base pressure correlations like the one
proposed by Sieverding (27).

An alternative, of course, is to use a viscous blade-to-blade analysis. We will return to this
point further on.

Naturally, similar problems are encountered with three-dimensional inviscid codes. Their utiliza-
tion, however, brings such improvements to the design that they have become standard items in
industrial design systems. Three-dimensional computer programs can calculate the flow in any com-
plex geometry where strong radial equilibrium effects occur such as axial asymmetry of the stream
surfaces or the presence of intense local radial flows. They can yield badly needed information
about three-dimensional shock waves and help in the understanding of the choking condition of an
annular turbine blade-ro,.

There is still some controversy over their ability to supply information about certain aspects of
secondary flows. We will come back to this point later on.

Most of the three-dimensional calculations are based on the resolution via a time-marching method,
of the three-dimensional unsteady or pseudo-unsteady compressible Euler equations. Different
techniques are used by different authors; for example see Denton (28), (29), Van Hove (30), Brochet
(31). Arts (321, Krouthen (33).
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The method used at SNECMA solves the time-dependent Euler equations with a finite-difference or
a finite-volume scheme. The compatibility equations are used to handle the boundary condition
problem. For more information, see Brochet (31).

Povinelli (34) provides a partial assessment of the Denton code which may be considered as a
standard program in the industry. Two test cases are considered.

The first one corresponds to a 670 turning annular stator cascade. Comparisons of experimental
and computed results show very good agreement over the span of the blade. Naturally the greatest
differences occur at the endwall and at the blade exit where secondary flows induce three-dimen-
sional effects.

Good agreement was also obtained by Arts (32) with a low aspect ratio anrular cascade having ap-
proximately the same turning as Povinelli's and a contoured tip endwall similar to the ones
discussed earlier. In addition, a non-uniform inlet total pressure distribution corresponding to
the test conditions was used in the computation carried out with a finite-volume code developed
by Arts (32). The conclusion proposed by Arts is that three-dimensional inviscid analysis is able
to compute three-dimensional rotational flows as well as the main secondary effects appearing in
such flows, providing the mesh resolution is high enough to capture the strong radial gradients
introduced via the non-uniform inlet total pressure or temperature. The results obtained tend to
confirm the hypothesis that the main secondary flows (horse-shoe and passage vortex) are mainly
an inviscid phenomenon due to the rotational character of the inlet flow, although viscosity is
responsible for this rotational nature.

It seems however that Povinelli's second test case does not confirm this conclusion. This test
case corresponds to the computation of the exit flow leaving a rotor in a low-aspect ratio turbi-
ne stage. Comparisons with experimental data were made for two operating conditions of the stage,

i.e., a uniform and non-uniform radial temperature distribution at the stator inlet. For bo:I
cases, the nozzle inlet total pressure was also non-uniform. The measured inlet conditions speci-
fied for the computations are presented in figure 23.

The rotor inlet conditions for the 3D computations were obtained from the computed exit conditions
of the nozzle 3D calculation. These nozzle exit conditions were circumferentially mass-averaged
to yield steady inlet conditions for the rotor. Both stator and rotor exit velocities were matched
to experimental data. The results for the rotor exit flow are presented in figure 24 from (34)
which shows that the exit total temperature profiles are fairly well predicted, whereas the flow
angle predictions are poor.

In contrast with Arts's conclusion, the discrepancy is attributed by Povinelli to the strong se-
condary effects that exist in the low aspect ratio stage and which cannot be taken into account
-by the inviscid calculation. Although it is not easy to reach a final conclusion, it should be
noted that the mesh used by Povinelli has only 19 points distributed along the span, whereas the
one used by Arts contained 31. Thus some information may have been lost with the coarser men. In
addition, mass-averaging the nozzle exit flow induces a non-realistic stress upon the flow . As
pointed out by Meauz in this very Lecture Series, the only realistic way of calculating a Lurbi-
ne rotor flow is to take into account the stator-rotor interaction by computing the entire un-
ateadyfiow through the stage. We will address this problem further on.

Before closing this paragraph on inviscid blade-to-blade computations, the problem of the correc-
tion for the entropy generation in three-dimensional calculations must be considered. As men-
tioned previously, the entropy correction for quasi-three-dimensional blade-to-blade analysis is
completed via modification of the stream-tube contraction. For three-dimensional analyses, the
correction can be introduced by means of a distributed body force as proposed by Denton (35).
This simple model enables viscous effects to be simulated at little extra computational cost.
Taking into account these effects is not only necessary to compute realistic blade surface pressu-
re distributions, but is also of major importance in turbine stage calculations in order to obtain
the stage reaction ratio.

4.2. Boundary layer computations, cooling and related problems

Although some viscous blade-to-blade methods already exist, most design systems still rely on boun-
dary layer calculations to determine the profile losses. These computations are usually two-dimen-
ional and are coupled with the main stream calculations like in the case presented in section 4.1.
fhe boundary layer analyses are then mostly integral methods which allow shorter computational time.
For turbine application where the boundary layer is relatively thin, the coupling can be achieved
using a direct mode for the main stream and the boundary layer calculations.

A great number of boundary layer codes have been developed over the years and it would be beyond
the scope of the present paper to try to give an overview of these methods. Instead, we will try
to review some of the problems which are encountered when dealing with the boundary layer on
turbine blades.

4.2.1. Boundary layesadrltdtpc

For turbine applications, predictions of losses always come together with predictions of
external heat transfer coefficients. This leads to some specific problems regarding the
prediction of transition and, as a consequence, turbulence modelling. The situation is
further complicated by cooling. The high inlet temperature of current turbines requires
that blades and vanes be protected not only by internal convective cooling, but also by
blade surface film cooling. With the latter, the coolant is injected into the primary
flow. This cooling flow may stay within the boundary layer or go through it; in any case



it will induce strong perturbations in the viscous layer. Experimental studies by Wittig and
Sche e- (36) and Pietrzyk , Bogard and Crawford (37) among others, clearly demonstrate this
poin t .

Even without taking cooling into account, the thermal boundary layer problem is far from~having been totally solved. Good results are usually obtained with most boundary layer codes

as long as ) the blade surface pressure distribution is smooth enough to allow transition
to be cIearly located; 2) curvature effects are not too large; 3) operating conditions of the
blading do not lead to strong relaminarization of the flow like in the case of low Reynolds
number conditions on the strongly accelerated pressure side of a blade; and 4) separation or
strong shocks do not occur.

The problem of the turbulent model to be used is naturally one of the main aspects of bounda-
ry layer research. A difference must be made between models which do not predict transition
between laminar and turbulent flows and those which compute this transition. To the first
group belongs the classical mixing length model of which many versions exist. These models are
combined with transition criteria such as the ones of Dhawan and Narasimha (38) or Abu-Ghan-
nam and Shaw (39) among others. These criteria are based on a large body of experimental da-
ta obtained for various configurations ranging from flat plates without pressure gradient to
realistic turbine blades. Studying various models for transition onset and length as well
as curvature effects, Eckert, Goldstein and Simon (40) came to the conclusion ttat

ti) the Abu-Ghannam and Shaw model gives the best prediction for the start of transition;

ii) the Dhawan and Narasimha model predicts the transition length and intermittency better
than the others;

iii) the Adams and Johnston (41) curvature model compares well with experimental data

Although these results can be considered as encouraging it must be kept in mind that simple
models will probably never yield systematically good results for the numerous complex si-
tuations encountered in turbomachine design. In addition, for the specific cooled turbine ap-

* plications, where durability depends largely on the boundary layer behaviour, more detailed
information is often required than that provided by these models.

Thus one has to go over to more complicated models like the classical k-E model for.,hich the
evolution of turbulence within the boundary layer is depicted via two transport equat-o-. for
the turbulent kinetic energy and the dissipation respectively. Greatly improved versions of
the basic model, not to mention advanced higher order ones, are now available. However, cali-
bration of the constants that intervene in the models is still difficult.To put it simply,
the more complex the model, the more coefficients have to be d3termined in order to match ex-
perimental data.

Figure 25 gives an example of the heat transfer coefficient computed the suction side of
a HP vane at two different levels of the Reynolds number. Calculation- ere run with the
standard STAN 5 code (42) for which transition is imposed via a transition Reynolds number
and with a finite-difference code developed at SNECMA (43) which computes the location of
transition with the Mc Donald and Fish (44) model of transitional boundary layer together
with the Adams and Johnston curvature model. Experiments were obtained in the CT2 two dimen-
sional transient wind-tunnel of the Von Karman Institute.

The results presented in figure 25 can be considered as very satisfactory. Less satisfactory
is the computation shown in figure 26 which corresponds to the heat transfer coefficient on
the pressure side of a HP rotor blade section alsc tested in the CT2 wind-tunnel. The calcu-
lation was performed with the method mentioned above (43). For this application, laminar se-
paration Occurs near the leading edge, followed by reattachment. The boundary layer never
really becoies fully turbulent due to the acceleration along the blade surface. The computa-
tion is clearly not capable of dealing with the strong gradients that occur in the region of
separation.

For this special purpose, a new boundary layer method has been developed at the "Ecole Centra-
le de Lyon". The computation is based on a method proposed by Keller (45). The originality of
the improved version is the introduction of coupling between the boundary layer and the simu-
lated outer flow via a so-called "equation of interaction" which depicts the effect of the
growth of the boundary layer along the blade surface. With this approach, leading edge sepa-
ration bubbles can be partially taken into account as shown in figure 27. The large variations
of the heat transfer coefficient due to the bubble can be reasonably well predicted. This
ability of the code to describe boundary layer flows with strong local pressure gradients is
a great advantage for the blade film cooling problem. In fact, injecting cooling flows into
the primary blade-to-blade flow causes local separations that classical boundary layer calcu-
lations either oversee or cannot overcome.

4.2.2. BR9nda _layer with coolin&

Prediction of boundary layer behaviour with film cooling is one of the main concerns of today's
turbine designers. Not only must the lossincluding cooling losspbe estimated, but so must
the film effectiveness and the heat transfer coefficient in the presence of film. At current
mean turbine inlet temperatures of 2000 K, between 7 and 12% of the HP compressor inlet flow
is used as coolant to protect the HP turbine vane. This cooling air, after picking up heat
within the blade via forced convection, is evacuated into the main flow and used as a pro-
tecting film on the blade surfaces. A certain number of rows of cooling holes are distributed
along the surface according to the results of a complex optimization process which takes into
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account the internal as well as the external thermal properties of the cooling air. In addi-
tion, cooling losses - i.e., losses induced by the introduction of cooling air -- , hot
blade-to-blade flow-must be considered all along so that the best achievable compromise can
be reached between cooling and performance requirements.

Some contributions have already been made to the problem of the behaviour of a thermal boun-
dary layer with cooling air from a row of discrete holes; see for instance Herring (46) and
Miller and Crawford (47). The latter proposed an extension of the above-mentioned STAN 5
code in order to include an injection model. The comparisons between the computed results
obtained with these models and experimental data show good agreement out only for blowing
rates smaller than 1 or large relative spacings for the cooling holes or injection angles
smaller than 451. Applicability of these models to actual turbine design is therefore limi-
ted.

More recently, Schbnung and Rodi (48) proposed an approach in which a finite-volume boundary
layer computation is coupled with a cooling model taking into account two aspects of the flow
via an injection model and a dispersion model. The injection model deals with the initiating
of the boundary layer profiles after the injection while the dispersion model handles the
three-dimensionality of the flow via additional terms which simulate the lateral mixing wi-
thin the region of the jets. The originality of the method lies in the systematic use of a
three-dimensional jet computation to obtain the information necessary for the development of
the two above-mentioned models. Comparisons of computed results with experimental data show
good agreement for the film effectiveness and the heat transfer coefficient as demonstrated
in figure 28 for the film effectiveness and figure 29, for the heat transfer coefficient;
both figures are taken from (48). Results were obtained on a highly curved turbine blade.

Itsnould be noted, however, that models such as the one developed by Schinung and Rodi are
still in the research stage although one might conclude from the quality of the comparisons
between experiments and theoretical results that application to actual design will follow
shortly.

In most design systems, prediction of cooling losses, film effectiveness and heat transfer
coefficients are still based on simplified models and experimental correlations.

For cooling losses, mining models have bees developed in the past by various authors; see,
for example, Hartsel (49). These models are often one-dimensional and take care of the thermo-
dynamic mixing loss that is observed when mixing two flows having different thermodynamic

properties and different directions. These models can be coupled with classical boundary la-
yer computations which may take into account the aerodynamic effect of the film injection
usually via displacement of the transition up to the location where the film is injected.

4.2.3. Cooli.ng _gcoblmms

Experimental correlations are also commonly used to deal with cooling. They are obtained in
two-or three- dimensional cascade tests where the blowing ratio is varied for various film
configurations, i.e. film location on the blade surface and injection angle. Figures 30 and
31 show examples of results obtained at NASA for the cooling losses on a core vane (50). This
figure illustrates the well-known result that suction side cooling is detrimental to the bla-
de efficiency, especially for films that are located close to the throat. This correlates
well with results presented by Hailer and Camus (51) which show the strong perturbation in-
duced by film cooling in the region of the throat on the suction side velocity distribution;
see figure 32 from (51).

Film effectiveness and heat transfer coefficients in the presence of film can also be determined
experimentally. Correlations of the type presented in figure 33 can be obtained in two-or
three-dimensional cascade tests. However measuring these characteristics,especially the heat
transfer coefficient, is usually not as straightforward as measuring the cooling loss. A
common practice is to use a transient technique where the blade surface temperatures are re-
corded while the flow establishes itself like in the above-mentioned VKI wind-tunnel. The
problem is then to have a good kInwledce of the blade internal conditions i, terms of heat
transfer. This is fairly easy as long as the transient is short enough and the blade is so-
lid. However, the situation is much more complicated when one contemplates modern multi-ca-
vity blades which can in no-say be considered as a semi-infinite medium. The data reduction
of the temperature transient will then strongly depend on the internal boundary conditicois to
which less research effort has been devoted.

Cooling problems are even harder to solve in she leading edge region of turbine blades. The
stagnation point of a turbine blade is rne of the most critical area as it is exposed to
an important level of heat flux. Considerable attention is always devoted to this region
where strong internal convection is applied together with external film cooling. Obviously,
cooling jets have a strong effect on the fluid mechanics of the stagnation point region.
Detailed measurement of the blade surface heat transfer coefficient in the shower-head re-
gion of a HP rotor blade have been performed by Camci and Arts (52) in the VKI trmaient cas-
cade wind-tunnel. These experiments show the importance of being able to locate precisely
the stagnation point at the design stage as already pointed out in section 4.1. It should
be mentioned, however, that HP vane leading edge thermal design should try to do without ex-
ternal film cooling whenever possible. The reason is naturally to be found in the low internal
to external total pressure ratio that exists at the vane leading edge : it is of the order
of 1.015 to 1.03. With such low pressure margins, hot gas ingestion at the leading edge beco-
mes a hazard that has to be seriously weighed for very high temperature operation.
We wish to close this chapter by addressing tte problem of trailing edge cooling which is the other main difficulty
that cnfists the desigrer. Two technlogies of trailing edge cooling arrgsents are currently available : slots



7-11)

or holes which are installed within t1e riCkne of the trailing edge or on rthe pressu.re side.

The advantage of slots or holes in the trailing edge is evident from the cooling point of

view. The cooling effect is more symmetrical with respect to the suction and pressu e sides
and is also more efficient. The main disadvantage comes from the increased trailing edge
thickness which is necessary to accomodate the slots or holes. For uncooled operation in the
transonic regime, this invariably leads to a dramatic increase in the trailing edge loss.
Cooling has a strong effect on the flow in the trailing edge region and especially on the
complex shock structure that is encountered in transonic and supersonic operation, as clear-
ly .hown by Sieverding (53). The ejection of coolant through the trailing edge considerably
affects the base pressure in t.bine cascades. An increase of ie base pressur-hic should our-
respond to a decrease in losses-is observed for a small amount of flow ejection. However, it
is not quite clear whether this compensates for the increase in trailing edge loss due to
the blade thickness. See Xu and Denton (54) for a discussion on this point.

Consequently, designers often prefer to use pressure side trailing edge lots which do not
require thick trailing edges. Like in the case of the trailing edge slot, coolant blowing has

aan effect on the shock structure in the trailing edge region. In addition, the preserce of

e ribs between the slots can be clearly felt and leads to a three-dimensionl exit flow. It
seems that the coolant flow has the effect of weakening the trailing edge shocks.

Measurements of cooling losses associated with pressure side trailing edge cooling indicate
tht this solution, is favorable from the point of view of blade efficiency; the measured loss
is generally very small.

4.3. lecondary flows

Secondary flow prediction has been a deep concern of the turbomachine designer for many years now.
The basic effects of the secondary flows - i.e.,loss production, over/under turning of the flow

a' at the blade exit and blockage - were recogoized early in the development of compressors ind
turbines. A great amount of research has been devoted to the problec both in the experimental and

theoretical fields. A summary of some recent experimental investigations or the subject can be
found in Sieverding (55).

Experiments show that secondary effects can be very large in a turbine blade passage and :he-elure
should be taken into account in the early stage of the design process.

To compute the secondary phenomena, the designer is faced with the alternative of running a three-
dimensional Navier-Stokes code or using a simplified approach. The first option is naturally very
time consuming and assumes that the blading has already been designed. It may be argued that the
three-dimensional Navier-Stokes code can be replaced by a three-dimensional Euler code acc iding
to the conclusion of Arts (32). This point has already been discussed in Section 4.1. In aiy case,

the taking or not taking into account of the viscous terms in the flow equations will not change
the requirement for a full three-dimensional geometry which will only be available after an ini-
tial loop of the design process.

In order to fulfill the requirement for secondary flow information at the early stage of dsign,
the second option -i.e.,a simplified secondary flow theory - is necessary. These models can be
coupled with through-flow computations and yield information on blade exit angles, losses and

additional blockage.

One such method is the one developed by Leboeuf (56) which has been in use for many years at
SNECMA both for compressor and turbine design. Figure 34 shows an example of the exit angle com-
puted on the inlet nozzle of a low pressure turbine where secondary flow effects are usually .ery
strong and are felt up to a distance corresponding to approximately 25 percent of the span from
the side walls. Such resultsare valuable when available at the very start of a design since they
leave room for correction to compensate for these effects, i.e.,optimzation of the vortex distri-
bution and adaptation of the following blade row.

No matter how accurate these simplified methods may be, they cannot fill the need for more detai-
led methods. This is especially true for cooled turbine design where one of the main concerns is
how the cooling flows will be swept away by the secondary phenomena in the endwall regions since
cooling the wrong part of the blade may have a tremendous effect on its longevity. This predic-
tion can only be achieved with complex three-dimensional codes. The resolution of the full three-
dimensional Reynolds-averaged Navier-Stokes equations will certainly bring about a solution to
this complex problem.

4.4. Navier-Stokes blade-to-blade computations

Numerous solutions to the Reynolds-averaged Navier-Stokes equations have been proposed in the
past five years both for two and three-dimensional applications. Once again, it is not the purpc
of the present paper to describe these methods in detail. We will try instead to show how these
recent computations can help in solving some of the problems that were oentioned previously. It
should be kept in mind, however, that these complex methods, at least for three-dimensional appli-
cations, cannot be considered as much of an integral part of the design system as, for instance,
the Euler three-dimensional computations. The reason for this is naturally to be found in the
cost and time involved in the running of these computations, but also in the problems that remain
to be solved.

However, it is already felt that real optimization of converging side walls, three-dimensional

A



7-11

stack and, generally speaking, complex blade geometries will only be achieved through ise -f the-
se powerful tools.

For intensive use in a design loop, progress remains to be made in numerical methods, especially
for three-dimensional flow computations, and in computer performance. Of course, the improvement
of turbulence models is still one of the main concerns in the development of Navier-Stokes co-
des not only for three-dimensional, but also for two-dimensional applscations. Much work remains
to be dcne in the areas of transition, free stream turbulence effects, trailing edge and wake
regions, sKewed inlet boundary layers and turbulence associated with coolant ejection. One ques-
tion that arises when running Navier-Stokes computations is related to the separation of real
viscous effects and numerical viscous effects which is necessary in the assessment of the turbu-
lence models. Improvement of both numerical methods and turbulence models is therefore closely
related.

In spite of these shortcomings, impressive results have already been obtained with viscous flow
computations. Figures 35 and 36 present results obtained by Weinberg et a1.(57 with a solver
using an implicit scheme for the two-dimensional time dependent Reynolds-averaged Navier-Stokes
equations. The comparison of measured and computed velocity distributions on the classical C3X
vane are shown in figure 35. Good agreement is observed although the computation exhibits some dif-
ficulties in the overspeed region at X/CX - 0.6. This would tend to indicate that the trailing
edge shock system is not well predicted. Computed results concerning the heat transfert coeffi-
cient are compared to measurements in figure 36. Computations were run first, assuming a fully
turbulent flow along the blade surface, then, transitional flow. The already mentioned model of
Dhawan and Narasimha (38) was used for the intermittency in the transitional region together
with a standard Prandtl miming length model. Obviously, the assumption of fully turbulent flow
over the blade surface is not relevant and even simple modelling can yield a satisfactory repre-
sentation of the blade surface heat transfer distribution.

Such is not always the rule, however, and confidence in any turbulence model will only be built
on numerous test cases. The reader is referred for instance to work by Birch (58) who clearly
demonstrates the need for improved turbulence models for reliable heat transfer predictions.

An interesting application of a three-dimensional Navier-Stokes computation is proposed b avis,
Ni and Carter (59). It concerns the prediction of leading edge pressure side separation induced
by a velocity spike of the kind that was discussed in the previous sections. Figure 37 taken from
(59) shows the predicted viscous blade pressure distribution on a turbine cascade versus tie in-
viscid one; experimental data is also indicated. The predicted streamline pattern is presented ii,
figure 38 where the separated flow region clearly appears on tL- pressure side of the blade. For
this test case, the computation was run on the assumption of fully turbulent flow on the sucticy
side and a transition on the pressure side determined from an empirical correlation for closed
transitional separation bubbles. The turbulence model is the classical two-layer model of Bad-
win-bomax.

Good agreement between computed and experimental blade surface pressure distributions can also
be obtained with three-dimensional viscous codes; see for instance Rhie (60), Nakahashi et at.
i61!, Subramanian and Bozzola (62). One of the main objectives of three-dimensional computations
is naturally to calculate secondary effects. Figure 39 and A from (62) show the Mach number
contours and the velocity vectors obtained at i.2' percent span from the endwall of o low-speed
linear turbine cascade. The saddle point near the leading edge of the blade is cjearly visible.

Before closing this paragraph, attention is called over the prrblem of grid generation. Use of adequa-
te grids is -oe of the main conditions for obtaining satisfactory computed results. This is parti-
cularly true for turbine applications where numerical viscosity can appear especially in the
leading edge region of the rounded blade. The same problem was encountered in inviscid computations
but takes on a new dimension in viscous flow calculations where real viscosity effects should not
be perturbed by numerical ones.

4.5. Unsteady statur/rotor interaction

To conclude this long chapter on blade-to-blade computations and loss estimates, a :e- lines will
be devoted to a point that turbine designers will have to confront in the future, i..,unsteady
statorirotor interaction. Over the past few years, an increasing amount of research has been devo-
ted to unsteady flows. Fourmous (63, Giles (65) have calculated inviscid stator/rotor interac-
tions in two dimensions and Lemeur (64) in three-dimensions. Rai has performed two-dimensional and
three-dimensional Navier-Stokes computations of the stator-rotor interaction in a turbine stage
(66), (67).

The main problem for the stator/rotor interaction is how to treat the interface canclitn when the
stator/rotor pitch ratio is not a small integer ratio. Various technique3 have been employed,
such as changing the pitch of one blade row while changing the chordlength to retain the solidi-
ty (see Rai (67)l,or applying a circumferential extension of the computed interface conditions
(see Lemeur (6).These procedures are used to bring the non-periodic problem back to a periodic
one. The most satisfying approach is the one proposed by Giles (65) where a lagged periodic con-
dition is a.,'-- which takes into account the fact that spatial periodicity does not necessarily
mean temporal periodicity especially for viscous computations. Figure 41 taken from (65) shows an
example of the two-dimensional stator-rotor interaction in a transonic turbine stage. The shock
propagation and reflection are clely visible. They induce a 40 percent variation of the lift on
the rotor causing increased losses.
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When computing three-dimensional inviscid interaction in choked transonic/supersonic turbines,
simulation of losses through the blade rows becomes essential since it is the only way to obtain
the correct stage reaction.

Introduction of these new codes into the design procedures involves two formidable problems

i) confidence in the computed results must be built up among the designers, i.e.,validation must
be achieved on a number of realistic configurations. This poses the problem of collecting the
unsteady data that is needed to allow useful comparisons with corpu'ad results. Facilities
like the MIT Blowdown Turbine Facility (68) have already begun to provide such data (69), but
the effort will have to be sustained.

ii) even if these codes could be fully validated today, their employement in a design procedure
does not appear as straightforward. Many questions arise concerning the way of comparing two
distinct designs. On what criteria cn a given desig be anlyzed wtnt rstea* flow is involved? Are stea

state averas reprsentative of the performace 7 The pmblem of defining relevant aveag value is also iipe-tant.
These various aspects will have to be confronted in the future if designers are to be able
to take full advantage of what research will be offering soon.

5 - EXPERIMENTAL VALIDATIONS

The last chapter of this paper is devoted to experimental validations. Naturally, totally separating
computations from experiments is not at all representative of the way development is actually carried
cut in the industry. Design of an engine is the result of closely integrated activities in the compu-
tational and experimental domains. It is true that actual design is carried out with computational
methods. However, test rigs are as necessary as poweful computers to obtain a good product. It is
mainly the way the experimental facilities are used that has changed in the past few years. Whereas
before, large number of tests were required to design a component, the use of computational design
methods has had the effect of reducing the amount of testing to obtain optimized performance. As a
consequence, test rigs that were exclusively used to fine-tune performance became available for some-

thing else and testing took a new direction. Of course, tests are still required to fine-tune a
turbine or a compressor or to validate overall component or engine performance, However, great em-
phasis is now given to the calibration of the design methods as well; this has led to a new philoso-
phy concerning the complexity of new equipment and especially the amount and the quality of the ins-
trumentation involved in testing.

Development of a cooled HP turbine is a very costly and difficult enterprise which requires a large
number of component tests to check not only the blading aerodynamic and thermal pertormance but also
disc cooling, mechanical design, bearings, etc... Optimization of this very high temperature compo-
nent is typically something which takes many years of sustained effort. For the aero-thermal perfor-
mance, these component tests take the form of two-and three-dimensional cascade tests, warm turbine
tests, hDt core tests and finally engine tests. The latter will not be considered here although they
correspond to the ultimate application and the real conditions. However, engine instrumentation is
often too limited to obtain an accurate picture of the HP turbine performance and the designers will
prefer to use core tests where more freedom is offered to install probes and sensors.

5.1. Cascade tests

Two-and three-dimensional cascade tests are still a powerful tool to study new concepts of bla-
ding, to verify overall performance, to gather data in order to calibrate comnutatioi] methods
or simply to obtain empirical correlations.

A typical example for this latter application concerns tests that are run to obtain correlations
on cooling effects on performance, film effectiveness and heat transfer coefficient in the pre-
sence of film. These experiments are often carried out in two-dimensional cascade wind-tunnels
operating either in wontimcn or transient mode. SNECMA has been working in close collaboration
with the Von Karman Institute to study these problems. Many tests have been run on the VKI CT2
two-dimensional cascade wind-tunnel which is quite representative of a state of the art transient
facility. Figure 42 presents an overall view of this tunnel for which more information can be
found in Richards (70). The heat transfer measurements are obtained via a transient technique
using thin film gauges installed on glass ceramic blades. A typical blade model is shown in fi-
gure .13 whcre the thin film sensors are clearly visible. The technique used here is similar to
the one pionneered at Oxford University and described in numerous publications; see, for instan-
ce, Schultz and Jones (71) for the principles and Jones (72) for a summary of Oxford studies.

Such facilities can not only yield information on the heat transfer characteristics but also on
the loss which is then measured via a high response probe mounted on a high speed traversing
mechanism. In addition, data about the detailed behaviour of the boundary layer can be obtained
through in-depth analysis of the response of the thin film gauges; see for instance Arts and
Graham (73).

Annular cascades of the same type exist, notably in England at the RAE at Pyestock (74), or are
presently in development (like the CT3 Annular Cascade Transient Facility at VKI). Compared to
two-dimensional facilities, they offer similar information in a more representative geometric
and aerodynamic environment.

Partial or full annular cascade tests are also carried out to check thermal computational methods
in a hot environment which is representative of actual engine conditions. Complete maps of the
metal temperatures are determined both in steady and transient conditions and compared to compu-
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ted results. In such tests, durability is also analyzed. Figure 44 shows an example of a rotor
blade ready for a hot tests.

5.2. Warm turbine tests

Annular cascade tests should be restricted to nozzle guide vanesalthough some arguable approxi-
mations can be made for rotor blades and then only for special objectives (like in the previous
paragraph, for durability testing, for instance). However, as soon as aerodynamic performance is
involved, rotating blades have to be considered. Similarly, for aerodynamic studies on transonic
HP turbines, instrumentation becomes a main concern because of the possible interaction between
the probes and the high speed/high swirl flow in a confined flow-path. k'uxmuzlng the size of
instrumentation is then o utmost importance and this means that temperature levels in the flow
must be restricted to avoid using cooled probes that would certainly perturb the flow. One is
thus led to carry out detailed turbine flow measurements in warm turbine facilities for which
the inlet temperature level is high enough to allow simulation of the temperature ratio between
primary air in the flowpath and ambient temperature coolant, yet low enough not to require coo-
led instrumentation.

These warm turbine facilities are usually very complex. Figure 45 and 46 give an example of the
warm turbine facility used at SNECMA. In order to study the effects of cooling on the losses, a
large number of independent cooling circuits must be available; cooling flows are adjustable.
The primary flow is heated through a combustor before entering the turbine . Power is absorbed
through a water brake. Special high speed yet steady flow measuring techniques have been imple-
mented which allow gathering a very large body of data in a very short time. Extremely detailed
flow field maps can be obtained to study phenomena like seomdry flows, flowpath contouring or
blade stacking. Many subjects of interest in turbine design can be thoroughly analyzed like tip
clearance losses with shroud cooling (including the effects on the LP turbine first nozzle) or
overlap geometry. Cooking problems are naturally one of the main topics of interest.

5.3. Hot core tests

Testing a turbine in a warm test rig is very well suited to obtain detailed pictures of the flow
through the machine. However, it has the disadvantage of representing somewhat idealized condi-
tions especially from the point of view of the actual geometry under real engine conditions. In
addition, in a warm turbine test, real inlet pressure and temperature profiles to the turbine
cannot be perfectly simulated, especially the circumferential temperature distortion induced by
the combustor. In any case, for thermal analysis, including durability, hot tests must be car-
ried out to complement the information gathered under cold or warm conditions. For high pressure
turbines, these hot tests are executed on core engines.

Naturally, aerodynamic instrumentation cannot be as accurate in this aggressive engine environ-
ment as in warm turbine tests. Thus, from the point of view of aerodynamic performance, less
should be expected from these core tests than from warm experiments. In addition, turbine power
output is also subject to much more uncertainty when obtained from high pressure compressor
measurements - including bleed mass flows and temperatures - than from torque measurements. Ano-
ther source of uncertainty in the estimate for the turbine pocer output can also be found in the
internal parasitic power dissipation which is more difficult to evaluate in core tests due to
the added complexity on the core engine as compared to the more simple configuration of the warm
test rig. For all these reasons, turbine designers are usually somewhat wary of the aerodynamic
performance deduced from core tests or engine tests and will use them primarily for thermal de-
velopment.

Figure 47 shows an overall vie. of a research core which is used at SNECMA and is dedicated to
the calibration of turbine thermal methods and the development of new generation cooling sys-
tems. Close to 700 measurements are installed on the engine, most of them on the one stage tran-
sonic turbine.

Finally and to conclude this paper, the M88 core engine is presented on its test stand in figure
48. Even though the amount of instrumentation for the turbine is naturally smaller than in the
above mentioned research core test due to the complexity of the actual engine environment and
the extremely high temperatureseveral hundred measurements are still d~voted to the analysis of
the turbine aero and thermal performanee.

With all this experimental data available, the difficult task of the design engineer is then to
evaluate the actual performance of the turbine and to build correlations between test results
and his computational design methods in order to improve the latter and pave the way for the
design of even better machines.
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FIGURE 4 EXAMPLE OF THROUGH-FLOW COMPUTATION IN

A STATE OF THE ART TURBINE CONFIGURATION
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FIGURE 15 COM4PARISON OF 2 STACKS USED IN NOZZLE
GEOMETRY OPTIMIZATION, FROM MORGAN (22)

FIGURE 16 EXAMPLE OF COM4PLEX THREE DIMENSIONAL
COOLED LP TURBINE NOZZLE
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FIGURE 21 C-TYPE GRID ON HP NOZZLE
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FIGURE 44 INSTRU14ENTED CASCADE FOR HOT TESTS
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FIGURE 46 VIEW OF THE TEST SECTION OF SNECKA
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AEROWYNAMIC DESIGN OF LOW PRESSUIRE TURBIES

by

3. Hourmouziadis

MTU MOTOREN- UND TURBINEN-UNION MONCHEN GMBH
Dachauer StraBe 665

8000 Minchen 50
GERMANY

SU4MARY

The aerodynamic requirements for LP turbines covering a wide range of Mach and Reynolds numbers are derived from
the applications for turbofan, shaft and propfan engines. Designing turbines for high performance levels is based on
extensive experience and modern prediction techniques. Methodology, experimental background, measurement tech-
niques and design systems are reviewed. The merits and limitations of present computation procedures are commented
upon. The close interaction between research and industrial development is discussed and the differences are pointed
out.

Two dimensional pressure distributions can be predicted by a variety of very efficient inviscid methods. Boundary layer
prediction is handicapped by the complexity including separation and transition. The characteristic of the Prandtl
boundary layer is developed and the physical model leading to the concept of the CBL (Controlled Boundary Layer)
design is presented. The effects of unsteadiness and turbulence in turbomachinery as well as the extension to transsonic
flow are considered. The understanding of inviscid 3D aerodynamics and their introduction in the design systems is
presented. Secondary flows and their direct and indirect effects on losses are discussed.

The problems to be addressed in the intermediate and long term research and development work are listed and their
significance commented upon.

SYMBSOLS

at m/s Total velocity of sound (Eq. 2.5) t m Cascade pitch
A M2 Area T K Static temperature
AC -- Acceleration parameter (Eq. 7.18) Tt K Total temperature
Bu -- Buri parameter (Eq. 7.24) Tu -- Degree of turbulence
c m/s Absolute velocity u m/s Tangential velocity in the velocity vector
cp kJ/kgK Specific heat capacity diagramm or Velocity component in x direction
d m Trailing edge thickness for the boundary layer equations
Fr N/kg Radial blade force component U m/s Main stream velocity for the boundary layer
h m Length equations
H kJ/kg Specific enthalpy drop v m/s Velocity component in y direction for the
H12  -- Form parameter of the boundary boundary layer equations

layer w m/s Relative velocity
I kg/st Two dimensional momentum flux x m Cartesian coordinate
m m Meridional coordinate y m Cartesian coordinate
M -- Mach number
Mc -- Mach number of the absolute a( Absolute flow angle

velocity P -- Constant
Mt -- Mach number referred to the total 0 Relative flow angle

velocity of sound S m Displacement thickness (Eq. 7.5 and 7.11)
M -- Main stream Mach number S m Momentum loss thickness (Eq. 7.5 and 7.11)
N rpm Rotational speed A

2  
Total momentum loss thickness

P, P N/m' Static Pressure s Meridional flow angle
Pt N/m' Total 'ressure 1 -- Loss coefficientPo -- Pohlhau-en parameter (Eq. 7.17) TI m Variable
r -- Radius, radial coordinate B -- Displacement parameter (Eq. 9.2)
rk -- Kinematic degree of reaction B -- Momentum loss parameter (Eq. 9.2)
R m Radius of curvature x -- Isentropic exponent
R kJ/kgK Gas constant 11 kg/ms Viscosity
Re -- Reynolds number v me/s Kinematic viscosity
Re 2  -- Momentum loss thickness p kg/in' Density

Reynolds number TI N/in' Wall shear stress
Re- -- Transition Reynolds number

m Surface length coordinate
a kJ/kgK Entropy

Subscripts

m Meridional 1 Entry, inlet
PS Pressure side 2 Exit, outlet
- Radial
SS Suction side 8 Main stream quantity at the edge of
u Tangential boundary layer
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1. INTRODUCTLON

Low pressure turbines are favoured by the engine environment, compared with high pressure turbines. The aerodynamic
design is not plagued to the same extent by stressing constraints imposed by the high areeds or by geometrical
limitations resulting from cooling system requirements. Accordingly efficiency levels are usually higher, which is quite
significant for engine performance. Exchange rates for percentage efficiency to specific fuel consumption range from
1:0.7 for modern high bypass ratio jet engines to 1:1 for turboshaft engines.

The turbine designs that can be found in aircraft engines are illustrated in Fig. 1. Two fundamentally different groups
can be identified. Direct drive turbines with relatively low speed, set by the fan, such as in the PW 2037. Geared
turbines where high speeds are utilized to minimize the number of stages, such as in the MTR390 helicopter engine or in
the MTU CRISP concept. The size of the blading varies from about 25 mm height for small 1000 kW class turboshafts to
over 300 mm for the 60000 lb turbofans.

It is obvious that this wide range of designs will lead to different but nevertheless quite demanding aerodynamic
requirements. The present lecture will give a short review of overall design criteria and will derive these requirements
from general considerations and statistics. High performance levels are based on extensive experience and modem
prediction techniques. Methodology, experimental background and design systems will be discussed and the close
interaction between research and development demonstrated.

Blade to blade flow can be predicted by a variety of very efficient inviscid methods. Boundary layer prediction is
handicapped by the complexity of separation and transition phenomena. The characteristic of the Prandtl boundary
layer will be developed in some more detail and the physical model leading to the concept of the CBL (Controlled
Boundary Layer) design will be presented. The effects of unsteadiness arid turbulence In turbomachinery as well as the
extension to transsnic flow are considered.

The understanding of inviscid 3D aerodynamics and their introduction in the design systems as well as secondary flows
and their direct and indirect effects on losses will be discussed. The problems to be addressed in the intermediate and
long term research and development work will be summarized and their importance commented upon.

2. OVERALL PERFORMANCE CONSIDERATIONS

The best known correlation among overall stage parameters and turbine performance was developed by Smith (1965). He
used the tangential velocity of the rotor to normalize the velocity vector diagramms and to introduce kinematic
similarity for the incompressible flow in a cylindrical annulus. With the meridional velocity component cm and the Euler
work H, a flow factor cm/u and a loading factor H/u' were defined. Using available experimental data he found that
-tage effici-icy orrelates quite well with these two parameters. The original Smith diagramm is shown in Fig. 2. It can
be seen that for a given loading, there is an optimum flow factor which gives the maximum efficiency. The parameters
that bring about this effect can be found, when the loading factor is developed appropriately

H = u(c, -c.2) Cul - Cu2 . Cm 422)  (2.1)

u
2  

u2 : u u

or using the velocity vector relations

H=U+wlU-W Q + W C2W2 ~ ' (2.2)

.Z: + w ul
. "W 2 ( w21u+% __ : 2(r, . _,- 22

with the kinematic degree of reaction rk

i W u 
+ 
W2 (2.3)

2 u

Eq. 2.1 indicates the effects of turning and Eq. 2.2 the effects of reaction. In fact to the left of the efficiency maxima
in the Smith diagramm turning becomes too high and to the right, reaction is too large.

In compressible flow with a conical annulus the formulas are modified, but still show the same characteristics, for
example H C ., t u2 C 2

U2 u-t9 It2 ) (2.4)U 2 gl C 'it

where u2/u 1 represents the Coriolis effect along a varying mean radius and cm2/cml the compressibility plus radial
divergence effect.

The conclusions of S.F. Smith have been verified for a variety of parameters in the design diagramm study of David,
Hourmouziadis and Marx (1969) and present the accepted state of the art today. Designers always try to put their
turbines close to the maximum performance curve. Fig. 3 shows published data and MTU experience for individual
stages. In spite of the rather high scatter, caused by limited numbers of stages and other design constraints, they
cluster around the optimum line. Nevertheless three distinct groups can be distinguished. High pressure turbines are
located on the low flow factor cm/u side of the diagramm, fan drive low pressure turbineR on the high side and geared
turbines in between with a trend to the lower cm/u values. Kinematic loading levels are quite similar, indicating that
Euler work per stage has been reduced in direct drive low pressure turbines to adapt to the lower circumferential
velocity u. Obviously this cannot be done with the flow factor, because the kinematic similarity does not include
compressibility effects. The meridional velocity cm is limited by Mach number in high pressure turbines and is kept high
in low pressure turbines to reduce annulus cross section and engine size.

Compressibility can be accounted for with the introduction of Mach number similarity. The convenient parameter
usually applied is the speed of sound, defined with the total temperature upstream of the rotor blading.
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a, i'RT' (2.5)

Normalizing the Euler work H gives-l _(1 - u2 ' M2 1 t2(26

a \ 
al ul al al u/ T,

The new parameters that have been introduced are the referred work Hall and the referred rotational velocity u/atl.
If the rotational velocity u is expressed by the speed N and for a given turbine ell constants like Isentrople exponent,
radius etc. are eliminated, then the well known functions H/Ttl and N/Tt1 emerge. The relation to the kinematic
loading factor is given by H H/a !

H -(2.7)
2U (u/a,,) 2

The statistics of turbine designs with these parameters are shown in Fig. 4. They all lie in a narrow band given by the
kinematic loading range from 1 to 2. Here again high pressure turbines are located in the higher levels of referred work
and rotational velocity and have to cope with high Mach numbers and tranasonic flow. Direct drive low pressure turbines
are situated in the range of lower values with generally subsonic Mach numbers. Geared turbines lie in between. Both
power turbines in the turboshaft and CRISP engines shown in Fig. I have to be designed for tranasonic aerodynamics.

The high temperatures in the rear part of the engine give low viscosity values. Combined with the low pressure, this
results in the lowest Reynolds numbers in the engine as shown in Fig. 5. Typical values for high altitude cruise operation
based on true chord and exit conditions range from 250000 for large turbines, like that of the General Electric CF6,
down to about 50000 for the small Pratt & Whitney/MTU PW 300 engine. Decreasing Reynolds numbers require
particularly careful design to avoid laminar separation and they limit the aerodynamic.loading capability of the profiles.
It is a very narrow balance between reducing the number of aerofoils and avoiding the collapse of efficiency.

Stressing and mechanical integrity requirements finally present a further constraint for the optimization. The high
aspect ratio blading of the rear stages in low pressure turbines is rather sensitive to a large number of vibration modes
as well as to aerodynamic instability. The need to design stiff blades does not just have detrimental effects on
performance but also increases the rim loading of the discs leading to greater weight. An overall parameter giving some
indication of this effect is the annulus cross section multiplied by the rotor speed A.N. Fig. 6 shows typical values
versus speed. Direct drive turbines have low speeds, which are set by the large diameter fans. They have low rim
loadings resulting in light disc designs. Geared turbines lie in the range of high pressure turbines and require similarly
thick and heavy discs.

This statistical review of the operational environment gives some indication of the problems that have to be resolved in
the design of low pressure turbines. They cover

- High kinematic loadings nd flow factors
- Subsonic to transsonic Mach number range
- Medium to very low Reynolds number range
- Geometrical constraints from mechanical requirements

It should be noted that if combustor exit temperatures continue rising at the present pace, cooling of the front rows of
low pressure turbine blading will have to be generally introduced by the end of this century. Such blading is already
being incorporated in advanced military engines.

3. DESIGN IVITHE OaL OY AND BACKGROUND

The achievment and continuous improvement of aerodynamic performance calls for steady evolution of methodology.
For the designer this includes two equally important aspects.

- The provision of design criteria. The physics of the flow have to be well enough understood, so that optimization
conditions for the flow in the blading can be defined; end

- The provision of prediction techniques, that permit a cascade geometry to be defined, which produces the
optimum flow in a real turbine with sufficient accuracy.

The process has been very successful. For example, it has completed the transition from the profile family to the
controlled pressure distribution blading. As indicated in the schematic of Fig. 7, two partners are involved. Both the
scientific as well as the industrial researcher and designer have offered major contributions. The different tasks they
have to perform complement each other.

The industrial application usually reveals the fluid dynamics problems that need to be solved. Scientific research tries
to generalize the questions and to provide answers with universal validity. This is normally done either with
sophisticated experimental and numerical analysis of the fuliscale problem or with simplified models which simulate a
particular aspect of the flow. The direct design application of the results is not necessarily considered during the
exercise.

The industrial engineer takes these results and eliminates whatever he c ,rnot incorporate into available design
methods. The remainder is combined with his own development and research experience to improve the turbine
methodology. The resulting design system must be

- Simple enough to permit integration into the overall design of the machine, and

a
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- Fast, reliable, robust, and within certain limits sufficiently precise to permit optimization with the necessary
iterative processes within the very short time scales of an industrial application.

It is this latter constraint, the time scales, that imposes very strong limitations on the acceptance of advanced
techniques. There is generally a time leg of about a decade between what scientific research produces and its
introduction into industrial routine work. This situation requires from the participants different orientations.

- The scientific researcher should conduct long term investigations trying to define new advanced aspects of
optimization and the means by which it can be achieved.

- The industrial engineer should support the development of advanced techniques. His main task is to use these
techniques to continuously develop and improve his own design tools, so that he can successfully complete the
short term work of making the presently best possible blading.

If these factors are considered, then the interaction between the partners will be most effective.

Turbine design systems are made up of two different levels of work, as illustrated in Fig. 8: The lower level consists of
the already mentioned prediction techniques and design criteria and represents the design application phase. The first
level is of a mere general and fundamental nature. It forms the background of the scientific and design work
accumulated over the years. It consists of five items of equal importance.

- Physics and flow analysis

Analytical studies are the basis of all numerical work leading to modem prediction techniques. They are also of
great significance for the development of simplified models or semiempirical correlations. They help identify
the predominant parameters of the problem, thus giving such models and correlations the desirable universality.
A typical example are the boundary layer equations of L. PrandtL.

- Numerical methods

Numerical computer programms are an accepted industrial design tool today. In fact the high performance
levels and future improvements for advanced turbomachinery can only be achieved with such techniques. Two-
dimensional inviscid flow -rd boundary layer codes are state of the art for routine design. Three-dimensional
inviscid methods have reached a high level of maturity, their general use however is inhibited by the relatively
low speed of the computers. This applies even more to Navier-Stokes and unsteady flow solutions. Dramatic
advances are required and should be expected both for software and computer hardware by the end of the
century. Meanwhile such codes should be used to improve the understanding of the details of fluid flow.

- Data processing, reduction and presentation

Data processing and presentation of results is emerging as a new challenging task. Three-dimensional and
unsteady flows pose extreme difficulties to human comprehension. Sophisticated computer graphics and
videofilm animation will be necessary to help understand numerical and experimental results and draw the right
conclusions.

- Measurement techniques

Instrumentation for turbomachinery experiments has undergone just as dramatic an evolution as computational
methods. Both classical pneumatic probes as well as modern laser and hot wire anemometry give the
aerodynamicist an extensive insight into the details of the flow. Interpretation of the results often demands
criminological talents from the engineer. Most techniques are indirect, measuring the interaction of a physical
quantity of the probe with the flow paraneter to be evaluated. Therefore an understanding of both the flow
phenomena and the response of the probe are required.

- Experimental facilities, rigs and models

Experimental facilities have grown in size and operating range. Low pressure turbine rigs for example can be
tested from take off conditions to the extremely low Reynolds number environment of high altitude flight. The
most important development however has probably been the introduction of electronic computerized data
acquisition systems. Reasonable handling of very large amounts of experimental results and the exploitation of
the potential of advanced measurement techniques can only be achieved with their help.

This background forms the basis from which reliable and accurate prediction methods are developed and design criteria
are derived. They are the ingredients of turbine design systems.

4. FLOW PREDICTION

Computational fluid dynamics is an integral part of industrial design systems and presents the basis for future
turbomachinery development and improvement. The algorithms for computer programms have been widely publicized in
the recent years and are well known. In this lecture attention shall be drawn to somi aspects of the maturity and
application of current prediction techniques.

The codes available in a typical turbine prediction system ar shown in Fig. 9. They comprise a basic quasi 3D design
system and a variety of more complex inviscid and viscous, steady and unsteady, two and three dimensional methods.

The quasi 30 system always starts with an axisymmetric streamline curvature programm based on the original work of
Chung-Hua Wu (1951). The model used might look rather simple, however one should bare in mind the fact that any
turbomachinery design starts with nothing more than a rotor speed, some inlet conditions, a pressure ratio and a
desirable efficiency level, so there is no alternative. These methods are the most versatile tool for the aerodynamicist.
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They are used to define the annulus, the number of stages, work split and the radial distribution of the flow parameters.
The optimization carried out by the engineer in this phase sets the performance potential of the turbine.

This exercise is the first step in the turbine design system described by Hourmouziadis and Hiibner (1985), and shown in
Fig. 10. The blading itself is defined after some interaction with structural requirements using two-dimensional inviscid
blade to blade methods on curved stream surfaces with variable stream tube thickness and boundary layer analysis.
After stacking the individual profiles into an aerofol the process is repeated in a second cycle introducing some of the
effects of the three-dimensionality of the blade geometry into the streamline curvature prediction. These are usually
blockage and radial blade forces, but more precise methods using circumferential averaqing of the flow have also been
developed, as described for example by Jennion and Stow (1984). If the geometry looks too complicated and one does not
feel very comfortable with the quasi 30 calculations, then three-dimensional inviscid computations are added. Such
codes are available for individual rows, see Happel and Stubert (1988), single stages, see 3. Denton (1985), or complete
multistage turbines.

The experience accumulated with such systems forms the basis for some particular considerations, which will be
discussed at greater length below.

4.1 TWO-DIMENSIONAL COMPUTATION OF A THREE-OIIvWENIONAL PROBLEM

Quasi 3D systems are very efficient, can predict quite accurately the main characteristics of the flow, and can help
design high performance turbomachinery. Nevertheless the methods used are essentially two-dimensional. Following the
original idea of Chung-Hua Wu, the flow is separated into an axisymmetric (hub to tip) and a two-dimensional (blade to
blade) part. On the one hand this principle has some advantages which cannot be done without today. On the other hand
important phenomena, such as secondary flows, are lost by the tangential averaging and can only be accounted for in
some mean way.

Advanced models could be of some help here. Even the inviscid Euler codes can predict the qualitative characteristics
of secondary flows, if vorticity is introduced with the boundary conditions. Unfortunately the problem is that although
prediction methods may be good enough, presently it is not possible to estimate boundary conditions with sufficient
accuracy to permit computation of quantitatively reliable results.

The evolution of the end wall boundary layer moving from one row to another across a gap with leakage flow and
changing from the stationary to the rotating frame is effectively terra incognita on the aerodynamics map of the
engineer. This aspect of the problem is common to all turbomachinery and has to be considered together with the
development of prediction techniques. It could be argued that the complete engine could he calculated. Computer time
and storage however are prohibitive.

4.2 TWO-DIMENSIONAL OPTIMIZATION N TI-HREE-DIMENSIONAL FLOW

The design of turbine blading involves the optimization of a three-dimensional machine. One of the advantages of the
quasi 30 system is the separation of this optimization into two different steps, the hub to tip and the blade to blade
design. The latter is carried out on 5 to 9 spanwise sections and an average of 20 to 40 passes for the profile of each
section are required until the engineer is satisfied with the result. Although the computer programms are very efficient
and the overall turnaround time for the calculation is not more than 15 min, it takes about 2 to 4 weeks to define an
optimized aerofoil for a given axisymmetric solution. Feeding the result back into the hub to tip prediction and
reoptimizing stacking and wall contouring takes another 20 to 40 passes and requires about 2 weeks. The two cycles
shown in Fig. 10 would therefore last about 10 weeks, which are the accepted time scales today. This optimization
procedure, illustrated in Fig. 11 is "twice two-dimensional". If a true three-dimensional optimization were required,
then for every pass, say in the hub to tip calculation, a complete optimization of the blade profiles would be necessary
to check the effect and decide if there is an improvement. It would probably take one or more years to define the
turbine. This is not surprising when the degrees of freedom for the geometry variation in a turbine are considered.
Presently no true 30 optimization can be carried out. It is covered primarily by the criteria used for the axisymmetric
design. The situation does not change when advanced three-dimensional prediction methods are applied. Obviously
automated optimization techniques will be necessary to take advantage of the full potential. Aerodynamic optimization
is a trial and error procedure, with the engineer controlling the process. Expert systems and artificial intelligence will
probably have to take over the role of the engineer if automated methods with acceptable time consumption are to be
developed.

4.3 T-REE-DIMENSIONAL EFFECTS VERSUS RESOLUTION OF FLOW DETAILS

One of the main limitations to the application of computational fluid dynamics is the computer memory size required.
Given a certain storage capacity, mesh density has to be reduced with increasing space of the flow domain. In other
words going from a two-dimensional to a three-dimensional prediction method, the resolution of the flow has to be
decreased. Fig. 12 compares a high mesh density blade to blade solution with the results of a three-dimensional
prediction of a transsonic turbine blade. Capturing the details of the flow around the trailing edge is virtually
impossible for the latter method. However it is exactly this part of the flow that defines the strength of the shock
originating on the pressure side of the trailing edge. After crossing the passage it interacts with the suction side
boundary layer and may cause total separation. Along large portions of the span these phenomena dominate over 30
effects and present the main design concern.

This example demonstrates that the selection of the prediction method should not be based on the unive:sality of the
computational model alone, but primarily on its ability to resolve the important characteristics of the flow.

4.4 THE RIG-T CODE FOR THE RI-HfT PROBLEM

A similar situation arises whenever the question is posed, which is the appropriate technique to handle a specific
problem. An Example is given in Fig. 13. It shows a typical low pressure turbine annulus with a first guide vane of a
multistage machine and the calculated pressure distributions at the mean section. They were predicted with

- a quasi 30 system on a stream surface of revolution,
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- a 3D Euler code and taken along a stream surface of revolution, and

- with the same code, along the individual suction and pressure side stream lines (twisted stream surface).

The differences are rather small and except for the suction side diffusion, well within the necessary accuracy for a safe
design. Obviously for this type of blading with an aspect ratio of about 3, the inviscid three-dimensional effects are only
of secondary importance. Therefore for the computation of the profile pressure distribution the simpler two-
dimensional code would be sufficient.

As already mentioned, the main difference can be observed on the rear half of the auction side. The level of the static
to total pressure ratio is lower, or the Mach number higher, for the quasi 3D prediction. This can be easily explained
when the radial distribution of the Mach number upstream and downstream of the guide vane row is compared in
Fig. 14. The quasi 3D and the full 3D methods predict the same inlet conditions, but the former gives the higher exit
Mach number at the mean section. The reason for this is that the quasi 3D system uses the complete turbine for the hub
to tip solution, whereas the guide vane is isolated for the full 3D code. This procedure has no influence on the inlet
flow, because in both cases a diffusing annulus without blading is used. In the exit flow however the Interaction with the
closely spaced downstream rotor blade has been eliminated for the full 3D case. When the effects on streamline
curvature are considered, then the resulting differences in radial flow distribution shown in Fig. 14 are as expected.

This example shows that for the investigated problem the inviscid three dimensional effects are far less important than
the interaction between rows. If the aerofoil has to be isolated from the multistage turbine to do the prediction, then
the application of a full 3D model gives less accurate results and is not justified. However this should not be
misunderstood as a recommendation to abandone advanced techniques In favour of simpler ones. The point that should
be made is that the different methods have to be applied selectively. There are other examples, where the contrary is
true. Quasi 3D systems are absolutely inadequate for calculations of large pitch, long chord cascades, or of the heavily
twisted, bend and bowed blading for secondary flow control. The minimum required in these cases are 3D Euler codes.

5. EXPERIMENTAL TECHN.IQLUES

Experimental facilities and measurement techniques constitute the second main - .utor to turbine design
methodology and have also undergone a revolutionary development in the pasL lecades. Research and
development work is undertaken today with models, plane cascades, annular cascades a i..ng rigs in test facilities
which permit simulation of the most extreme aerodynamic operating conditions. Appr, : ately instrumented rigs,
modem measurement techniques and computerized data acquisition systems offer the possibility to gain a tremendous
insight into the details of the flow.

A general survey of the available methods is shown in Fig. 15. The classical techniques for power, mass flow,
temperature and pressure measurement ranging from wall pressure taps to five hole probes for three-dimensional flow
have been complemented by a variety of more sophisticated ones. Some of them are applicable to the stationary frame
only, others can be used to carry out an experimental analysis of the flow in the rotating frame. A review has been
presented by Hourmouziadis and Lichtfuj (1985). Difficulties with experimental studies and diagnostics arise primarily
with the access to the flow in the rotor blading. The techniques that have been used to deal with this particular problem
and some recent developments will be discussed in more detail.

5.1 TELEMETRY

The original methods to transfer electric signals from the rotating to the stationary frame were slip rings or mercury
drums for higher rotating speeds. Pressure measurements which are more interesting from an aerodynamic point of view
required much more complicated equipment. Fig. 16 shows one of the early rigs used by Dettmering (1957) to measure
blade profile statics and to traverse the rotor exit total pressure. A special gear was necessary to position the probe,
which was mounted on the turbine wheel. A switching system mounted in the shaft fed the individual pressures into a
semirotating drum, from where they were picked up for indication. The facility was very successful, but it required
much space which is only available in rigs for laboratory research.

In the meantime there has been strong pressure on the industry to develop telemetry systems for the verification of the
structural reliability of rotating parts. Using strain gages, overstressing, vibration and flatter risks can be identified and
improvements can be introduced early in the engine programm. These telemetry systems have reached a high level of
maturity and are already being used for aerodynamic investigations. Fig. 17 from Hourmouziadis and LichtfuB (1985)
shows the components of such a system mounted on the shaft axis. It consists of pressure transducers, pressure and
temperature signal transmitters, antenna and power receiver.

The rotor blade Mach number distributions derived from static pressures on the aerofoil surface are shown in Fig. 18.
One of the main problems encounterpd with this technique is the correction of the indicated value for the difference
between the location of the pressure tap and the transducer. The pressure lines are rotating with the relative frame and
considerable gradients build up between different radii. One way of resolving this problem is to measure reference
static pressures on both the stationary and the rotating system. These results can then be used for calibration purposes.

5.2 SURFACE HOT FILMS

With surface hot films the principle of hot wire anemometry is applied to the flow on the wall. The probes are mounted
on thermally and electrically insulated surfaces and the heat transfer to the flow is measured. If the wall is adiabatic,
then the signal is only a function of the mean wall shear stress. Accordingly, this technique has been applied widely for
boundary layer research. In turbomachinery the adiabatic conditions can only be realized in a laboratory environment,
such as cascade tunnels (Briiunling, Quest and Dietrichs, 1988) and low speed rotating blading (Hodson, 1983; Hodson and
Addison, 1988).

For industrial applications telemetry offers the full potential for investigations in the rotating frame, although it has
not been applied extensively yet. The main problem here is that the adiabatic wall condition can hardly be fulfilled in
high speed fullacale turbomachinery. Nevertheless qualitative analysis of the signal can give a very detailed
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understanding of the boundary layer flow. Fig. 19 gives an example of measurements on the guide vane of a two-stage
turbine reported by Hourmouziadis, Buckl and Bergmann (1986). The wakes of the upstream blading make it difficult to
isolate flow distrubances from the overall signal. In the lower part of the oscilloscope pictures the passing frequency
has been filtered out revealing the local structure of the boundary layer.

- Stable laminar flow to relative surface length 55.8%

- Increasing instability until laminar separation occurs between 68.8% and 75.3%

- Bursts appearing at 75.3% indicating transition in the separated shear layer

- Strong turbulent reattachment fluctuations at 81.8%

- Low disturbance level in the fully developed attached turbulent boundary layer at 94.8%.

5.3 HOT WIRE ANEMOWETRY

Pressure taps and surface hot films on rotor blading require a device to transfer the signals from the rotating to the
stationary frame. This also applies to hot wire anemometry when it is used on the rotor, as reported by Hodseon (1984)
for his investigations in a large scale turbine. The latter technique however can also be used with the probe located on
the stationary frame and still permits an evaluation of the rotor flow. The hot wire is traversed radially downstream of
the rotor. Computerized ensemble averaging of the data gives detailed information of the wake flow of the individual
aerofoils in one circumferential position. The potential of this technique for three dimensional analysis of the flow has
been demonstrated by Sharma, Butler, Joslyn and Oring (1985) with the data obtained with the UTRC Large Scale
Rotating Rig (LSRR) research turbine. Further evaluation of the data and application of the reduction and presentation
techniques discussed earlier resulted in the very impressive animation of the unsteady secondary flow presented by
Sharma, Butler, Renaud, Millsaps, Dring and Joslyn (1988).

The potential for industrial applications has been shown by Binder, Schr6der and Hourmouziadis (1988). Hot wire
measurements and the ensemble averaging technique were applied to a multistage low pressure turbine with subsonic
flow (Fig. 20). A beat frequency was observed both in the velocity wakes as well as in the turbulence wakes of the
blading. The analysis of the experimental data identified a strong interaction between two successive rotor blade rows.
The downstream blade separated when the wakes of the upstream rotor hit the leading edge and had attached flow when
they were convected through the middle of the passage. The phenomenon was steady in the rotating frame. This means
that aerofoils with separated flow always remained separated because they were always hit by the wakes of the
corresponding upstream rotor blade.

S.4 LASER ANEMOMETRY

Laser anemometry s even more suitable for the investigation of the relative flow. Provided the test volume is
accessible to the I'ght beam, the flow field can be measured even within the blade passage. Laser beams are focused
through a window in a very small volume (measuring point) within the flow. The laser light scattered by very small
particles is the signal that is used for further evaluation. Assuming that the momentum of the particles is very small so
that they move with the local and instantaneous velocity of the flow, then the measured signal is some function of that
velocity.

Two methods have evolved from this principle. Doppler laser anemometry works with one beam and the Doppler effect
is used tc evaluate the signal. Laser 2 focus anemometry works with two beams focused very close together and the
particle passage through the individual foci is statistically analysed to evaluate the flow velocity. The former technique
is primarily applied in America the latter in Europe. Both have their merits and have been very successful. They have
provided some excellent results. Application in compressor tests has been published by Williams (1987) and Epstein,
Gertz, OwL.n an.; Giles (1988). Binder (1985) and Binder, FSrster, Kruse and Rogge (1985) used the laser 2 focus method
for an experimental study of secondary flows in turbine rotors.

The problem with laser anemometry is the presence of a sufficient amount of light scattering particles in the flow. The
technique requires a large number of events (particle passages through the focus) for the statistical evaluation. In dead
water regions with low velocities and poor mass exchange rates with the main stream this condition is not satisfied. The
method does not give quantitative results. But even in this case it can be very well used to diagnose the presence of the
separation. Such a situation is illustrated in Fig. 21 taken from Hourmouziadis and Lichtfu(3 (1985). The velocity vectors
were measured in five radial and five axial stations within the blade passage. Only the velocities at the hub mean and
tip sections are plotted in the figure. Separation at the tip could be clearly identified from these tests. The results
initiated a redesign of that section improving the efficiency of the turbine by 2%.

Both laser and hot wire anemometry can evaluate velocity as well as turbulence. The former has the advantage that no
probe disturbs the flow. The latter however provides the complete time history in a continuous signal. This last
characteristic can prove to be very useful when unique events, for example turbulent bursts have to be identified.
Recording the analog signal on tape permits repeated evaluation without having to run the experiment again. This can
be a great advantage when new questions arise during the analysis of the results.

6. SOMW ASPECTS OF TWO DIMENSIONAL OPTIMIZATION

The designer of turbines for aircraft engines is required to achieve two targets simultaneously

1. High efficiency
2. Low weight

High efficiency should be available under different operating conditions. Typical conditions are shown in the flight
envelope of Fig. 22. They range from take off rating at low altitude to high altitude high Mach number cruise and very
high altitude low mach number flight at the upper left hand corner of the envelope. Lines of constant Reynolds number



8-8

for the low pressure turbine blading are also included. They indicate the wide range that has to be covered by the
design.

The characteristics of such blading are shown in Fig. 23 (Hourmouziadis and Lichtful3, 1985), which shows the evolution

of losses with Reynolds number. At high values (a) transition occurs far upstream and turbulent separation near the
trailing edge produces mixing losses (3), which are added to the shear layer losses (2). With decreasing Reynolds number

4the turbulent separation disappears (b), transition moves downstream beyond the laminar separation point and a
separation bubble (c) appears on the suction surface. In this region loss generation takes place in the wall shear layers
and the wake of the trailing edge only.

Further down the Reynolds scale, losses increase dramatically (d). Transition has now moved so far downstream that the
turbulent free shear layer cannot reattach before the trailing edge. The largest part of the losses now is produced by
the mixing out of the separation in the wake (1). The extension of this separation away from the profile wall increases
rapidly with decreasing Reynolds number, because transition Is shifted downstream. It has a maximum when the
transition point in the free shear layer reaches the plane of the trailing edge. Beyond that point (e) rising losses are
caused by the growing free shear layer thickness with falling Reynolds number. Not reattaching laminar separation is
the case of the so coiled strong viscous/inviscid interaction or separation bubble bursting.

There appears to be a wide Reynolds number range with low losses. The second optimization criterion however, low
weight, demands small size aerofoils, which means the lowest possible Reynolds number. The designer has to work very
carefully to avoid the risk of an efficiency collapse.

The loss characteristic of Fig. 23 Is repeated in Fig. 24 as curve A. Of course there are alternative profile designs which
can reduce the risks just described. Curve B is such an alternative. The efficiency loss at low Reynolds numbers has
been reduced substantially. Unfortunately this is accompanied by a significant increase in the minimum loss levels. The
first optimization criterion, high efficiency, has been penalized.

These considerations demonstrate again that two dimensional optimization needs precise and reliable design tools. One
of the main physical phenomena of the flow that has to be included is the viscous regions of the flow. The engineer must
be able to ensure close boundary layer control for his design.

7. THE CHARACTERISTIC OF THE PRANIDTL BOUNDARY LAYER

7.1 BOUNDARY LAYER EQUATIONS

The development of the approximation of the wall shear layer can be found in every text book on fluid flow, and the
theory has been applied widely in the design of turbomachinery. The fundamental equations will only be reviewed briefly
here, because they form the basis for the development of the boundary layer characteristic. Ludwig Prandtl used the
two dimensional, incompressible Navier-Stokes and continuity equations for his analysis.

U. L- + .h! _+ a. , 2V (7.1)
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Starting from the observation that strong viscous effects are only present within a thin layer close to the wall, he
developed a set of equations for high Reynolds numbers neglecting all second order terms in Eq. 7.1

au au .t- Z

ax ay 9 al a12

A : 0 (7.2)
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The momentum equation in the y direction in Eq. 7.2 contains the most significant law of wall shear layers, namely the
fact that the static pressure normal to the wall is constant. The boundary layer is isobaric. This permits the Bernoulli
equation of the inviscid main flow to be used to calculate the pressure gradient in the x direction from the velocity
gradient dU/dx of the main stream.

U u :- _L (7.3)

The flow field within the boundary layer can be calculated from this system of equations with the boundary conditions:

I : :0  u:u(xo;y)

y :O usV=0

L. Y-= : uU(s)

Further reduction of Eq. 7.2 was developed by von Karman. He introduced Eq. 7.3 into the momentum equation in the x
direction and integrated along the y coordinate.
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he arrived at the integral form of he Prandtl boundary layer equation.

d U26) 1, uU = 1- (7.6)
TX ) ' dx P

The quotient 81/12 is called the form parameter of the boundary layer H12 and is generally used to describe the state

of the shear layer In terms of sensitivity to separation.

7.2 COMMENTS ON THE BOUNDARY LAYER EQUATION5 AND THEIR PARAIMETERS

The displacement and momentum loss thicknesses are really only abbreviations substituting the integrals in Eq. 7.4.
Nevertheless they are important quantities of the flow. The displacement thickness indicates the surplus area required
in the viscous case to convect the same mass of fluid as the inviscid flow with the constant velocity U. In the case of
the momentum loss thickness the nomenclature used is somewhat misleading. Actually it does not include momentum
loss connected with the mass flow defect. The total momentum loss is

linviscid - Ivisco s  f fUpUdy - fJupudy (7.7)

a 0

Defining a total momentum loss thickness

A2  Fsicd- I, 1 dy (7.8)P U

it can be easily seen that

A2  ui-+ 1 U)}dy:6,+& 2  (7.9)
0

Both 6, and 2 have proved to be the appropriate parameters to describe the state of the attached wall boundary layer.
In the case of separated flow however the displacement thickness fails. Separations can be handled approximately by
the boundary layer concept if the velocity in the dead water zone is very low. From the definitions in Eq. 7.5 it can be
readily seen that the dead water contributes directly to the displacement thickness, the height of the separation zone
being added to the displacement of the free shear layer. Contrary to this, the momentum loss thickness gives only the
momentum defect of the free shear layer, because the momentum loss associated with the mass defect in the dead
water zone is not included and the remaining is very small within the separation. It has been observed that as long as
the low velocity assumption is valid, the free shear layer is not significantly affected by the shape of the wall or by the
height of the separation perpendicular to the wall. This can result in a large variation of values for the displacement
thickness for the same viscous phenomenon, which is concentrated in the free shear layer, whereas momentum loss
thickness remains practically constant. Accordingly it should also be kept in mind that in separated boundary layer flow
the form parameter H1 2 does not necessarily make any physical sense.

The Prandtl boundary layer theory has been developed for true two dimensional incompressible flow. When it is used
along curved surfaces, the stream line curvature superimposes a pressure gradient normal to the wall. This in general
requires some correction. The original theory however has been applied successfully to turbomachinery profiles. In these
cases the approximation appears to be acceptably good for radii of curvature larger then 20 to 50 times the boundary
layer thickness.

Compressibility effects are less dominating in subsonic boundary layers than in the isentropic main flow. In the latter
case it is generally accepted that they become significant for Mach numbers above about 0.3 to 0.5. The von Karman
equation derived from the compressible Navier-Stokes equations is

where Ma is the main stream Mach number and hi, 82 are now defined as

Displacement thickness I -L- ) dy

0 Pau0 (7.11)

Momentum loss thickness 2 u o. (1 Ij)dy

0

Eq. 7.10 is identical with Eq. 7.6 except for the Mach number term on the left side. It has a noticable effect on the
evolution of the shear layer for Mach numbers higher than 0.5 to 0.7. This can be understood when changes in the state
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of an lsentropic inviacid fluid are compared to those in an isobaric shear layer (Fig. 25). From the equations of state,~where the index r indicates referenced parameters

AS =P IpnHr -R In P
P P , T, :- P, Hr

The density gradients with enthalpy can be derived to be

P. Pr
isentropic aHr H2tr

(7.13)

aPr C _ R C9-
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The absolute value of their ratio is

[~pr/aHr, • - R H,"
R ~r (7.14)

In cold air this gives 2.5 times higher gradients for the isentropic flow. For low pressure turbines for commercial
turbofan engines, with relatively low Mach number levels, the incompressible boundary layer concept gives very
reasonable results.

7.3 THE CHARACTERISTIC OF THE LAMINAR BOUNDARY LAYER

For the development of the main characteristics of the boundary layer the simple incompressible model is sufficient and
will be used here. The x coordinate will be substituted by the more general streamwise coordinate s. Eq. 7.6 can be
transformed into the more convenient form

d U; 2 12) U;) 1 dIJ 1- ; (7.15)
(s -'2 / (3-2H12)(- ")-TW- = 2--

The fundamental work to arrive at an approximate solution of this equation was performed by Pohlhausen (1921) using
the concept of the single parameter boundary layer. Walz (1941) developed a linearized approximation eliminating the
form parameter H12 and the wall shear stress Tw-

2 2=
_Uh u s l (7.16)
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Thwaites (1949) gives 0.45 for the constant on the right.

The important part of Eq. 7.16 is the second term on the left, known as the Pohlhausen parameter Pa. ft can be
rewritten as

82 d 2 Rd. _ e.2. AC (7.17)Po 2 "7"- u = ds " 2
The Pohlhausen parameter is a function of the momentum loss thickness Reynolds number Re 2 and the acceleration
parameter AC.

AC = '2-Q (7.18)
7 ds

These two variables actually define the state of the boundary layer. In a double logarithmic diagramm, with Re 2 for the
ordinate and AC for the abscissa, Po = const are straight lines. They are plotted in Fig. 26. The accelerating flow is
shown on the right side and the absolute value of the acceleration parameter has been used for the decelerating flow
and is presented mirrored about a zero AC axis on the left of the diaqramm.

For a zero momentum loss thickness gradient, d62/d = 0, Eq. 7.16 gives Po = 0.08. This is the thick full line on the right
hand side of the boundary layer map (Fig. 26). On this line, the boundary layer thickness remains constant along the
wall. For a given Re 2 , inrreasing acceleration parameters beyond this curve reduce boundary layer thickness. On the
left of the curve thickness increases. There is now an interesting effect that can be read out of the characteristic. In

4 order to grow thinner, a high Reynolds number boundary layer requires a smaller AC. The acceleration parameter from
Eq. 7.18 can be rewritten to read

AC:" dU/ds (7.19)" 2 U 7.

This means that a high kinetic energy main flow needs very high velocity gradients to achieve high acceleration
parameters. In other words, it is much easier to obtain a low velocity boundary layer thinner than a high velocity one.

Laminar separation would appear on the decelerating part of the diagramm. Pohlhausen introduced fourth degree
polynomial velocity profiles and tried to define separation at zero vall shear stress. He was not very successful.
Thwaites (1949) used experimental results to assess a quite reliable empirical value of Po = -0.082 at separation. The
laminar separation line is the thick dashed line on the decelerating side of the map in Fig. 26.

-I
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The map could be further completed considering the lines of constant gradients of momentum loss thickness derived

from Eq. 7.16

02 - (0.23 - 3-Po) (7.20)

ds Re2-

Finally another characteristic curve can be introduced, the line of constant momentum loss thickness Reynolds number.

This is important because most transition criteria are based on this parameter. For this case Eq. 7.14 gives Pa z 0.12

also shown on Fig. 26 completing the characteristic of the laminar boundary layer.

7.4 TIE CHARACTERISTIC OF THE TURBULENT BOUNDARY LAYER

A similar approach to that of Pohlhausen, regarding the turbulent boundary layer was performed by Buri (1931).
However, the method was never developed to the maturity of the laminar case. One of the reasons is the higher
complexity of the nature of turbulent flow. Another is the fact that with the potential of modern computers, the
development of simple integral models has been largely abandoned in favour of a full numerical analysis of the two-
dimensional flow.

Assuming turbulent wall shear stress to be
t. - (7.21)
PU2 Re/4

p? 2

where 8 is a constant, Eq. 7.6 can be transformed into

2+ U (7.22)

ds (2 + U 2 U ds Re1/4
or 2

d 9+ 5 112 8 /4Re' 1 dU .5 (7.23)
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which looks similar to Eq. 7.16. The important parameter here is the Buri parameter 13u

B /4 82 dU 5/4 (7.24)
Ru:Re2 -''7-s= Re2 AC

It is structured very similar to the Pohihausen parameter, the difference lying in the exponent of the momentum loss
thickness Reynolds number. In a double logarithmic diagramm Bu = const are again straight lines (Fig. 27). Obviously a
similar behaviour can be expected in terms of boundary layer growth. lJsinq [ = 0.0128 after Schlichting and
Truckenbrodt (1967) and assuming a constant value H 12 = 1.4 Eq. 7.22 and Eq. 7.24 give

b = 1 (001 34 -8u (7.25)

Re2
In the characteristic map of the turbulent boundary layer the line with zero thickness growth is given by Ru = 0.0038.
The curve for constant Reynolds number follows from Eq. 7.23 with Au = 0.0050. These lines are plotted on the
acceh ration side of the characteristic in Fig. 27. The considerations for the laminar fl-w still hold. A high Reynolds
number turbulent boundary layer needs a smaller acceleration parameter to grow thinner. A high kir etic -tergy main
flow requires high velocity gradients to achieve high acceleration parameters.

As already stated, Buri's work has not attracted much attention from boundary layer investigators. The more recent
experimental data from the 1968 Stanford confer, -ice (Coles and Hirst, 1968) were used here to check the validity of
the analysis. They are plotted in the characteristic diagramm in Fig. 28. The accelerated flow reported b- Herring ant;
Norbury was driven into the region of negative thickness gradients. It can be seen very clearly that this is followed
immediately by a drop in Reynolds number.

On the left of the diagramm the experimental data are limited by turbulent separation. For a given Reynolds number
the boundary layer cannot be decelerated beyond a certain AC value. Bori's parameter has not been used ye' to define
the separation condition, the limit however can be closely approximated by Ru = -0.050 again confirming the ialidity of
his analysis.

7.5 LAMINAR / TURBULENT TRANSITION

Transition from the laminar to the turbulent microstructure of the flow is probably the mst important phenomenon in
shear layers. This is particularly true for the turbomachinery application with high leves f- free stream turbulence and
unsteady periodic disturbances. Nevertheless the investment in transition research compared to that for turbulence is
rather limited.

The fundamental wor't based on lamina, flow stability theory is being done in low turbulence research facilities. Taylor
(1936) showed that significant effects are to be expected from free stream turbulence. These effects should correlate a
characteristic size parameter of the bourdary layer to the length scales of turbulence, this actually means that both
amplitude as well as frequency structure of turbulence are of importance, indicating the complexity of the problem.

Experimental investigation of these phenomena using turbulence grids has been carried out mostly in low speed
boundary layer tunnels and has concentrated on the effects of overall amplitude in terms of the degree of turbulence
Tu. Fig. 29 shows transition Reynolds number over the degree of turbulence from the experimental results reported by
McPonald and Fish (1972), Dunham (1972), Abu-rihanam and Shaw 198 and Plair (1982). Researchers have tried to
correlate the results to the strea-wise pressure gradient following the stability theory. Van Driesl and fRlumer (1963)
give
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Hall and Gibbings (1972) give

Re; : 190 + em' - 
.03-Tu (7.27)

Finally, Dunham (1972) gives Re (0.27 + o.13,-o8.,) 550 + 1.~ T,- (.8

The formulas evaluated for the range of Fig. 29 yield results quit close to the experiment. However the scatter in trend
with the pressure gradient (represented by the acceleration parameter) is of the same order of magnitude as the scatter
of the test results. This also holds for the experiments. No general trend can be identified among the results of
different investigations. The identification of different pressure gradients has therefore been omitted in the diagramm.
With the uncertainty of the data presently available, a straight line appears to be good enough an approximation

Re*, Tu Iz -
0.

6
5 (7.29)

Unfortunately the situation in turbomachinery is even worse. Fig. 30 shows a comparison with turbine cascade results
which have been confirmed in real turbine tests. The difference is rather discouraging. One of the reasons is probably
the fact that in turbomachinery flow pressure gradients are very strong, transition very often occurs in the free shear
layer of separation bubbles and the mechanisms might very well differ. Another reason is that uniform and isotropic
turbulence can only be established in closely controlled boundary layer experiments. Particularly in turbomachinery
neither assumption holds. From the general comments about stability it is evident that the structure of turbulence
should have a significant effect as suggested by Hourmouziadis, Buckl and Bergmann (1986).

This is the state of the art today. Industrial designers either develop their own transition criteria from a limited amount
of turbine data and take the risk that the next design might be just beyond the edge of the cliff, or they reduce the risk
at some penalty on performance as discussed earlier.

Returning to the characteristic of the Prandtl boundary layer, a range of transition Reynolds numbers between 100 and
1000 has to be assumed depending on the individual flow environment. The Reynolds number may be correlated to the
level of turbulence with Eq. 7.29 and can be given in the map as a second scale on the ordinate. This completes the
characteristic. It can be assembled from Fig. 26 and 27. Fig. 31 shows the laminar domain in the lower part, the
transition range in the middle and the turbulent flow in the upper part.

Finally, another set of useful curves can be introduced in the characteristic. Lines of constant boundary layer growth
rate are plotted in Fig. 32 using Eq. 7.20 and Eq. 7.25.

7.6 RELAMINARIZATION

While transition of the flow from the laminar to the turbulent microstructure is a well known phenomenon, the reverse
is usually difficult to observe. The characteristic (Fig. 31 and 32) gives some indication as to where relaminarization
could take place. The turbulent boundary layer would have to be accelerated beyond the limit of zero Reynolds number
gradients into the upper right side of the diagramm. Increasing the velocity gradients, the momentum loss thickness
would then have to be reduced well into the transition region, probably down to Reynolds number levels of 100 to 1000
and acceleration parameters of 1.E-5 to 1.E-6. These high acceleration rates make it particularly difficult to carry out
experiments.

Test evidence indicates that these considerations present a good approximation of the real phenomenon. Some published
data have been collected in Fig. 33. Misu, Okarnoto, and Kai (1985) have reported on such an investigation.
Relaminarization was observed at about Re 2 = 400 and AC = 4.0E-6. Murphy, Chambers and McEligot (1983) give a
range of AC z 2.5E-6 to 3.7E-6 from their literature survey (Blackwelder and Kovasznay; Kline, Reynolds, Schraub and
Runstadler) and 4.OE-6 for their own experrnents. Launder (1964) observed relaminarization at Re 2 > 500.

In turbine flow a relaminarization situation can only occur on the pressure side close to the trailing edge of the profile.
However no experimental confirmation of such a phenomenon is known to the author.

8. APPLICATION TO TURBINE FLOW

Flow in axial turbines is usually quite a complex, three-dimensional phenomenon, nevertheless practically two-
dimensional flow prew,'s over large portions of high aspect ratio aerofoils in low pressure turbines. Prediction and
experimental results at the mean section of a subsonic guide vane will be used here to demonstrate the application of
the Prandtl boundary layer characteristic. The investigation was carried out in a full scale turbine rig. The quasi 3D
prediction system shown in Fig. 10 was used to calculate the flow. Fig. 34 shows the predicted Mach number distribution
on the suction and on the pressure side of the profile. The solid line indicates the inviscid flow prediction, the dashed
line shows the calculated effects of local separation for the viscous flow. Agreement with test results is satisfactory.
The predicted development of momentum loss thickness around the profile is also shown.

8.1 SUCTION SIDE OF THE PROFILE

Starting at the stagnation point with a very small boundary layer thickness, zero Reynolds number and an iifinit
acceleration parameter, the flow accelerates very fast and the boundary layer thickens rapidly. Close behind the
leading edge Re 2 and AC have reached the values shown in the boundary layer map (Fig. 35), near the line of zero
boundary layer growth. Downstream of this location the velocity gradient (Fig. 34) remains almost constant for a large
part of the suction surface. Because of the increasing kinetic energy in the main flow, the acceleration parameter Eq.
7.19 decreases continuously. The boundary layer stays close to the zero growth line up to about mid chord. Accordingly
the increase of momentum loss thickness is very slow.
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At the velocity peak the flow changes in the map across the zero AC axis into the deceleration region. Boundary layer
thickness increases rapidly reaching maximum rates at the laminar separation point (see Fig. 32). The free shear layer
developes downstream along the separation line of the characteristic. The viscous pressure rise in the separated region
is significantly weaker than the inviscid prediction. The relatively thick laminar free shear layer becomes increasingly
unstable with eventual transition into turbulence.

For the prediction, momentum loss thickness is set constant during transition. Extensive cascade and turbine rig
experimental observations indicate that this is a reasonable assumption. ror the very thin boundary layers encountered
on turbine aerofoils transition length is practically zero and cannot be resolved with the available measurement
techniques. With this assumption the free shear layer jumps in the characteristic from the laminar to the turbulent
separation line at a constant Reynolds number. The acce!eration parameter now has a significantly higher absolutc
value, which indicates thai the turbulent shear layer can follow strn'ger deceleration rates (Fig. 34), a well known
phenomenon.

In the case of the vane tested here, the shear layer reattaches. Fig. 32 again shows that the highest growth rates can be
expected on the turbulent separation line. The growth rate decreases after reattachment because the acceleration
parameter moves away from the separation line in the map. Beyond the reattachment point the main flow velocity
decreases and the boundary layer again grows toward the separation line. In the case studied here turbulent separation
before the trailing edge was just missed.

The behaviour described above, based on the predicted flow, is confirmed by the pressure measurements shown in
Fig. 34. The separation bubble can be identified clearly on the flow visualization in Fig. 36. The extensive hot film
measurements reported by Pucher and Obhl (1986) and Hourmouziadis, Buckl and Bergmann (1986) also prove the
validity of these considerations.

8.2 PRESSURE SIDE OF THE PROFILE

Starting at the stagnation point again the inviscid prediction shows a sharp velocity peak at the leading edge (Fig. 34)
caused by negative incidence. In the characteristic diagramm (Fig. 37) the boundary layer upstream of the peak lies on
the lower right of the acceleration side, practically on the zero growth line. Immediately after the peak it moves over
to the deceleration on the separation line. Because of the low Re2 levels -AC is particularly high, indicating that the
thin laminar free shear layer can follow strong deceleration rates. This is shown in the enlarged detail in Fig. 34. The
shear layer reattaches before it can transition. The downstream boundary layer is still laminar. The size of this
separation bubble on true scale turbines is less than 1 mm and cannot be identified by statics or hot films. Flow
visualization however (Fig. 38) shows that it is really there. The whole process takes place very close to the leading
edge and at very small momentum loss thickness, therefore it has been omitted in Fig. 34.

After reattachment the flow accelerates again. In the map (Fig. 37) the boundary layer moves back across the zero AC
ordinate into the acceleration part. The short acceleration is followed by a deceleration over one third of the pressure
s-de. Rates are quite low but at low velocity giving high AC levels. This results in a fast boundary layer growth, leading
to a maximum laminar thickness.

At the velocity minimum the boundary layer crosses over again into the acceleration side of the characteristic. It is
now thick, at high Re2. As mentioned above, only moderate acceleration parameters are required to reduce the
thickness. In fact the AC on the rear half of the profile lies even beyond the zero growth line. Boundary layer thickness
decreases down to the levels of the leading edge. No transition was predicted on the pressure side for the aerofoil
Reynolds number investigated here.

Similar results for the boundary layer development around turbine aerofoils have been reported by Hashimoto and
Kimura (1984).

9. DESIGN OPTIMIZATION

The selection of the blade profiles is generally based on the requirement to minimize losses. An optimization has to be
carried out for every individual application. This can be done with the help of profile families. A set of parameters is
used to define a systematic variation of profile geometry. Systematic cascade tests are then carried out to determine
the performance characteristics. The results are used to select the best performer for the application. Best known are
the NACA family series which have been widely used for the design of aeroplane wings and compressor blading. An
example for turbines has been given by Hausenblas (1961).

As already mentioned, this method was abandoned in favour of the prescribed pressure distribution design, which has
become possible with the emerging of efficient computational techniques. The profiles of such blading never look the
same. They are adapted individually to the aerodynamic situation in every row and spanwise location. This methodology
has been given a variety of names like "Custom Tailored" or "Inverse Design", which are only other words for
'Prescribed Pressure Distribution". In all cases criteria are required to decide which pressure distribution is the
optimum. Usually such criteria are based on the empirical background of the designer. With the characteristic of the
Prandtl boundary layer just developed however, a step further into the details of the flow is possible. This has led to the
"Controlled Boundary Layer" (CBL) concept, which bases the optimization process on the evolution of the boundary
layer around the profile.

Optimizing losses with this concept requires some correlation between the boundary iayer parameters and the loss
coefficient. The theory has been presented by Scholz (1965). The following approximate equation was derived for the
losses as a function of momentum loss and displacement thickness at the trailing edge (Fig. 39)

02 (9.1)

i2.7t8
with
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They are directly proportional to the sum of suction and pressure side momentum loss thickness of the profile. The

displacement thickness in the denominator plays some kind of an amplification role and is equivalent to the effect of

the trailing edge thickness d. As it was mentioned earlier, a "small" separation does not significantly affect 92 but
contributes directly to &1 through the displacement of the dead water. This means that separated flow upstream of the
trailing edge adds up to the amplifying effect of the trailing edge thickness. These considerations give the first three
rules for the CBL concept

1. Minimi.7 boundary layer thickness at the trailing edge

Z. Minimize trailing edge thickness

3. Avoid separation upstream of the trailing edge

Eq. 9.1 and 9.2 show that it is not these parameters themselves that define losses, but the values referred to the exit
flow area t.cosa2 shown in Fig. 39. For a given exit flow angle 02 a high pitch t appears to be favourable. However this
would tend to increase the loading and thus the boundary layer thickness at the trailing edge of the profile, which would
be contrary to the first rule mentioned above. In fact there is an optimum for the pitch t which gives the minimum
losses shown in Fig. 23. The curve however is very flat. In accordance with the second optimization criterion, low
weight, pitch can be increased while avoiding the dramatic effects described in Par. 6. So the fourth rule would be

4. Select the highest pitch possible avoiding separation upstream of the trailing edge

These four rules are well known to the designer. The question is how to fulfill them best. Returning to the first item,
Fig. 34 gives some indication of the potential for decreasing boundary layer thicknesses at the trailing edge. The
pressure side has a thick boundary layer at the middle of the profile which is reduced significantly by the very strong
acceleration towards the cascade exit. This is typical for the pressure side flow. Comparison of its thickness at the
trailing edge with that of the suction side shows that it contributes less than one fourth of the total loss. A numerical
study shows that neither the maximum thickness nor separation bubbles have a significant effect on the parameters at
the trailing edge as long as the acceleration parameter is high enough. This can be also seen from the characteristic of
Fig. 37. The higher the momentum loss thickness Reynolds number at the trailing edge for a given AC is, the stronger
will be the reduction rate of boundary layer thickness. This holds true both for the laminar and the turbulent flow. So
the fifth rule would be

5. High acceleration on the pressure side upstream of the trailing edge

On the suction side Fig. 34 shows very clearly the differences in growth rate between the laminar and the turbulent
flow. The highest rate of the former, observed at the separation point (see also Fig. 32), is several times less than that
of the latter. This corresponds to the well known relation for the flat plate, where laminar thickness is inverse
proportional to the square root of the Reynolds number, and turbulent to the fifth toot. For the example shown in
Fig. 34 the last 20% of the suction surface length with turbulent flow is responsible for about one half of the total loss
of the cascade. Reasonably the sixth rule would be

6. Delay transition on the suction surface as long as possible

Since transition correlates with thickness Reynolds number, Fig. 31 and 32 would suggest a design on the zero Reynolds
number growth line. This requires a high positive acceleration parameter, as has been indicated by Eckardt and Weiss
(1984). This in turn means that with the increasing velocity, the acceleration rate has to rise too (see Eq. 7.19). In fact
the suction side Mach number distribution of Fig. 34 should be curved the other way around on the first half of the
profile to meet this requirement. The seventh rule reads

7. Use suction side acceleration to control transition

In the rear part of the suction side the flow diffuses. If the boundary layer stays laminar up to the suction peak than it
separates. The free shear layer transitions and reattaches forming a separation bubble (Fig. 34 and 36). This however
can only happen if there is sufficient length upstream of the trailing edge for the turbulent free shear layer to reattach,
requiring

8. Force suction side transition early enough to ensure reattachment

Reattachment as well as turbulent separation depend on Reynolds number and acceleration parameter too (fig. 31 and
35). Since separation at the trailing edge should be avoided and high momentum loss thickness Reynolds number
boundary layers can follow lower deceleration rates only, the last rule is

9. Limit trailing edge diffusion to keep the flow attached

The controlled boundary layer concept sounds reasonable. Predirtion techniques today are good enough to permit its
successful application. Unfortunately it includes a fundamental problem which has not been solved yet. Items 6 and 8
require precise prediction of transition. As discussed in Per. 7.5 the theoretical and experimental basis today is not
sufficient. Neither boundary layer nor Nevier-Stockes solutions appear to have the capability to give an answer.
Present'y the application of the nine CBL design rules will have to rely in this point on the experience of the designer.

10. TRANSSONtC TURBINIES

Geared low pressure turbines work with transsonic flow because of the high tangential velocities of the rotors. Direct
drive turbines can also have transsonic Mach numbers to increase power output per stage and reduce the number of
stages. Brief comments will be made here on the two main problems encountered in such designs:
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Shock structures and related losses
Shock boundary layer interactions

Transsonic aerodynamics are inevitably connected with compression shocks which cause an entropy rise without viscous
effects being involved. These losses grow exponentially with the intensity of the shocks and local shock Mach numbers
should be limited to less than 1.5 to avoid strong performance deterioration. The shock structures that can appear in a
turbine cascade are shown in Fig. 40. A supersonic bubble (f) can develop on the suction side close to the leading edge
usually returning to subsonic velocities via a compression shock (a). This phenomenon depends on the inlet conditions
and the profile geometry and can occur at entry Mach numbers as low as 0.5 to 0.6 limiting significantly the design
flexibility. At subsonic exit Mach numbers higher than about 0.9 a similar supersonic bubble develops upstream of the
trailing edge (g) and closes with a straight shock (h). With increasing Mach number this shock moves downstream and
forms the suction side trailing edge shock. For supersonic exit conditions a shock structure with two oblique shocks is
formed at the trailing edge. This configuration is shown in the schlieren photograph of Fig. 40 from Dietrichs,
Hourmouziadis, Malzacher and Brkunling (1987). The pressure side leg of this shock structure (a) crosses the pa sage and
is reflected on the suction surface of the profile (c). Shock losses can be kept low if Mach numbers are limiteu. The
designer has to take care that in transsonic regions, where the flow is particularly sensitive to minor geometry changes,
unnecessarily strong accelerations increasing the shock intensity are avoided. Isentropic diffusion can also be applied, as
has been widely introduced for the supercritical compressor aerofoils. It can be used to decelerate the flow from the
supersonic bubble into the subsonic regime. Unfortunately this principle does not work for the most intensive
trailing edge shocks. The schlieren of Fig. 40 show that these shocks originate essentially from the wake region of the
profile and are not affected directly by geometry variations. No tools are available today to control the flow in this
region.

The second problem of tranasonic flow, the shock boundary interaction, has attracted much experimental and analytical
attention. Comprehensive reviews have been presented by Stanewsky (1973) and Delery and Marvin (1986). Two
characteristics of the phenomenon make it much more diffucult to model than the subsonic boundary layer.

The Prandtl theory does not apply to the shock impingement point
Even in weak interactions there is a distinct upstream effect on the boundary layer.

Fig. 41 from Dietrichs, Hourmouziadis, Malzacher and Br1unling (1987) will be used to describe the interaction and
comment on the problems for the designer. Laminar flow is assumed upstream of point (a) and the wall curvature is
such, that together with the displacement effects of the wall boundary layer the incoming flow is parallel. An oblique
shock impinges on the shear layer. The viscous flow cannot follow the discontinuity and tends to spread the pressure rise
over a finite length. Starting at (a) the boundary layer can follow an adverse pressure gradient until laminar separation
occurs at (b). In this region the pressure rise leads to a faster boundary layer growth. This creates in combination with
the wall contour a stream line curvature which initiates in the supersonic flow a compression wave at (a). The
streamwise ,pressure distribution on the wall is produced by the main flow.The interaction of the stream line curvature
resulting from the growth of displacement thickness and the camber of the wall give the pressure rise law in the so
called "free interaction" region from (a) to (b).

Pressure gradients in laminar flow are usually very weak and the effects on the flow cannot be separated with the
schlieren optics. The typical pressure rise cannot be clearly identified from wall statics either, suggesting that the free
interaction in laminar turbine flow is negligibly short.

At the separation point (b) the flow has the strongest adverse gradients the laminar shear layer can follow. Since itthickens downstream, these gradients must decrease continuously resulting in a slowing down of the pressure rise. Here
again the pressure will be imposed by the main flow.The streamline curvature must be such that the induced
compression wave gives the pressure distribution required by the shear layer. This is achieved in the flow with theadaption of the dead water zone. The shear layer is lifted so far away from the wall that the total displacement effect
gives the necessary curvature. The pressure gradient tends asymptotically to zero, the compression wave becomes
weaker and the flow tends to become parallel. The compression waves usually combine within the cascade passage to
form a first reflected shock which can be recognized in the schlieren of Fig. 40. The behaviour of the viscous flow up to
the shock impingement point (c) is very similar to Lhe subsonic case and at least for moderate supersonic Mach number
levels the Prandtl theory appears to be applicable.

At (c) the oblique shock arrives at the fringe of the free shear layer. By now it has interacted with the compression
waves and the discontinuity has weakened considerably, Outside of the interaction zone the oblique shock turns the
flow, At the shear layer this turning has to be realized by an expansion wave at (c) which can be identified very clearly
in the schlieren photograph. It can be observed that this expansion takes place over a very short length, indicating
effectively the presence of a Prandtl Meyer corner expansion. It is at this point that the most dramatic change in the
properties of the shear layer occur. The diffusion capability increases suddenly. The gradients downstream of (c) are
significantly stronger than upstream. This phenomenon cannot be explained with the Prandtl boundary layer theory
which obviously does not apply because of the extremely small radii of curvature. In fact the impingement point of the
shock seems to be the only situation in the interaction where the assumptions required for the Prandtl approximation
are not valid. The mechanism introducing momentum into the shear layer is not understood yet. Downstream of the
expansion wave the pressure distribution is again defined by the free shear layer leading to a second continuously
weakening compression which forms a secound reflected shock. Downstream of the reattachment point (d) the
compression wave is weaker because the pressure gradients for the attached flow are lower than those for the separated
boundary layer. Parallel flow is assumed downstream of point (e).

These characteristics apply both to the fully laminar as well as to the fully turbulent flow. The main difference is the
considerably higher pressure gradients in the latter case. The presence of laminar/turbulent transition within the
interaction tends to severely complicate the problem. Although the behaviour of the flow is of extreme importance for
transsonic turbine performance and some excellent predictions of the fundamental phenomenon exist, no model
appropriate for design is available today, including transition initiated by the shock impingement.
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11. 30 BLADINO DESIGlN

The final step in the aerodynamic turbine design process is the stacking of the two-dimensionally defined profiles into a
three-dimensional aerofoil. Of course turbine bleding has always been three-dimensional. The modern name for "3D
designed blades" simply indicates that the stacking is done purposefully to achieve some clearly defined aerodynamic
target.

There are two different effects that can be achieved by the selection of the stacking law:

Change in the radial distribution of flow parameters through radial blading forces
Reduction of secondary flows and losses

The former can be derived directly from the well known radial equilibrium equation for axisymmetric turbomachinery
flow:

P - - -COSE - C a sia- Fr (11.1)P r R

The first term on the right side is the swirl component which is used in forced vortexing to change the radial pressure
gradient. The second is the streamline curvature and the third the conical flow term. Both can be influenced by end wall
contouring. The last is the blading force term. If the aerofoil force has a component in radial direction than Eq. 11.1
shows that it can influence the radial pressure gradients the same way the swirl of the flow or the streamline curvature
do.

One school of thought interpreting these effects evolved in the Soviet Union from the first experiments reported by
Fillipov and Wang (1964) and is now regularly represented by more recent publications from China. The explanation
offered suggests that leaning the aerofoils moves high loss fluid from one end wall to the other, increasing losses there.
This argument is not very convincing. Since entropy is a mass specific property, a very strong radial mass transport all
across the span would have to be involved. Radial transport occurs in axial turbomachinery only in the dead water of
separation zones. However the radial velocities are so small that no significant amount of mass is moved along the span.

The explanation given by Dejc and Trojanovskij (1973) appears to be more reasonable. They suggest that the observed
redistribution of losses is caused indirectly by the radial redistribution of reaction. This has been confirmed by more
recent measurements. The results reported by Hourmouziadis and Hiibner (1985) show that the selection of radial
stacking can substantially change the spanwise distribution of loading, as it is shown in Fig. 43 for the straight,
tangentially leaned and bowed vanes of Fig. 42. This effect gives the designer another degree of freedom besides forced
vortexing to optimize the blading. The individual rows can be designed for maximum loading at best performance. Such
low pressure turbines are already in production today.

The other phenomena that can be influenced by 3D design are secondary flows and associated end wall losses. Alhough
the general characteristics of secondary flow development have been investigated experimentally and analytically for
some time now, there is no detailed understanding of loss production and how it is affected by the aerodynamic design
parameters today. However the database is building up so that the industry should be in a position to design turbines
with reduced secondary losses in the next few years.

Presently the philosophy applied essentially tries to compensate the indirect effects of over and underturning caused by
the secondary vortices. The resulting incidence changes give rise to higher losses in the downstream row. In compressor
aerodynamics this has led to the "end bend" blading. Fortunately turbines are not so sensitive to incidence changes, so
no end bend bladings have been offered yet. There is one component in low pressure turbines however that can profit
from such a compensation and can improve directly the engine performance. It is the exit guide vane, which eliminates
the swirl of the flow, to avoid separation losses at the hub cone and thrust reduction at the nozzle. Such solutions have
also already been developed for production engines.

12. CONCLUDING REMARKS

This lecture has given a short review of the state of the art in the optimization of low pressure turbine design from the
industrial point of view. Of course it cannot possibly be complete because it is based on the experience of the author
alone. Nevertheless it has demonstrated the transition from the profile family to the more sophisticated design
philosophies and has given some indication of the background that is necessary today to build up a modern high
performance level methodology. The following list of unresolved fundamental problems and comments will conclude the
presentation.

A turbine design methodology requires both accurate prediction as well as optimization criteria. Both items are of
equal importance.

Transition control is of paramount importance for the exploitation of the aerodynamic performance potential.
Present understanding of transition phenomena in turbomachinery is not sufficient to ensure low risk high
performance design.

Turbulence and periodic unsteadiness are different phenomena. They have to be clearly separated to be able to
develop simplified models with universal validity.

Transseonic turbines 11 contribute significantly to the overall performance of gas turbine engines in the future.
Efficient design tools as well as optimization criteria still have to be developed.

End wall losses present several percent of efficiency potential. The understanding of their production, their
interaction with secondary flows and criteria for minimization still have to be developed.

Presentation technioues to improve comprehension of three dimensional and unsteady flow will play an important
role In future aerodynamic research.
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